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Abstract
Air-breathing propulsion has the ability to provide more economical access-to-space
than current rocket based systems. Access-to-space requires hypersonic flight within
the atmosphere, the air-breathing cycle best suited to this is the scramjet. Next genera-
tion launch systems require a scramjet stage to operate into the hypervelocity regime (>
3 km/s). Performance data at these conditions is scarce due to the inability of ground
test facilities to replicate the high total pressures and temperatures associated with
flight. Also, flight experiments are subject to material limitations and are generally
prohibitively expensive. This thesis details experiments which add to the currently
limited data-set of scramjet performance at hypervelocity conditions.
The Mach 12 rectangular-to-elliptical shape-transitioning (RESTM12) engine is cur-
rently under investigation at The University of Queensland as a potential candidate
for access-to-space. The RESTM12 engine is designed to accelerate from Mach 6-12
as a part of a rocket-scramjet-rocket access-to-space system. Previous testing of the
RESTM12 engine has shown good performance at off-design conditions and now as a
result of this investigation, robust performance at its design condition.
The primary aim of this thesis was to:
”investigate experimentally whether robust supersonic combustion can be generated in a
three-dimensional scramjet flowpath at a Mach 12 flight condition in an impulse facility.”
In order to achieve this two experimental campaigns where undertaken in the T4
Stalker Tube. Both experiments used the facilities Mach 10 nozzle to generate a test
flow equivalent to Mach 11.8 flight at 38.3 km altitude. Initial experiments investigat-
ing hypervelocity boundary layer transition showed that natural transition would not
occur in a length equivalent to the forebody and inlet of the engine. The ingestion
of a laminar boundary layer into the inlet of the RESTM12 engine would increase the
likelihood of developing a separation in the inlet that would not allow it to operate as
intended. To reduce the susceptibility of the inlet to separation a boundary layer trip
was required.
i
Based on the Hyper-X program’s boundary layer trip development experiments
(Berry et al., 2001a), several combinations of trip geometry, height and location were
tested on a flat plate model resulting in a successful trip configuration. Now confident
that a trip configuration capable of providing the RESTM12 engine with a turbulent
boundary layer was designed, the engine was tested at its design condition.
A half-scale model of the RESTM12 scramjet engine was tested in a semi-free-jet
configuration utilising both inlet and step injection of gaseous hydrogen fuel. Once
it was established that the inlet was operating correctly and sufficient test time was
available the experiments began with fuel injection. Initial tests showed that robust
combustion occurred when inlet injection was employed. The most successful fuelling
configuration was a combined injection scheme where 31% of the fuel was injected on
the inlet and 69% behind a step in the combustor. This resulted in a significant pressure
rise in the combustor and nozzle compared with suppressed combustion experiments.
Unfortunately steady combustion was unable to be generated utilising step only injec-
tion.
Once established that robust combustion could be generated within the RESTM12
engine model, combustion efficiencies were estimated. Several definitions of combus-
tion efficiency exist, for this investigation fuel-based combustion efficiency, or the frac-
tion of fuel converted into water, was used. This estimate was carried out by compar-
ing experimental pressure distributions with a 1D cycle analysis code (Smart, 2007).
Using this method it was calculated that inlet only injection results in fuel-based com-
bustion efficiencies of ηmax ≈ 70− 75% while a combined injection scheme results in
ηmax ≈ 50− 65%. This was a positive result as these approximations were considered
to be conservative estimate.
Finally, experimental heat transfer rates were successfully measured in the RESTM12
combustor using thin-film heat transfer gauges manufactured at The University of
Queensland. This success adds new capability to future scramjet experiments per-
formed in T4 where heat transfer rates can be measured throughout the entire flow-
path of a scramjet up to Mach 12. This allows us to make better estimates of the heating
loads within a scramjet and design them more confidently.
Using the experimentally determined heat transfer rates for a nominal fuel-on case
it was possible to estimate that at this condition and scale, 35.6 kW of heat was gener-
ated in the combustor. This is less than the thermal storage capability of liquid hydro-
gen at 1000 K which is approximately 45.3 kW for an equivalence ratio of φ = 1. This
means that the fuel system can potentially be used as a heat sink at Mach 12.
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Introduction
1.1 Research Context and Motivation
It has been clear since the early 1950s that air-breathing propulsion has the potential
to provide more economical access-to-space than current rocket based systems. Air-
breathing engines have higher specific impulses (Isp) due to the fact that they do not
carry an oxidiser (Heiser and Pratt, 1994). Access to space requires hypersonic flight
within the atmosphere, the airbreathing engine cycle best suited to this is the super-
sonic combustion ramjet, or scramjet .
The key to taking advantage of hypersonic airbreathing engines for access-to-space
is to develop a multistage system that makes use of the scramjet only within its high-
performance regime (Smart and Tetlow, 2009). Current systems consist of multistage
rockets which, relative to airbreathing engines, have lower efficiencies due to their
lower Isp. Kors (1990) explains that airbreathing propulsion typically has an order of
magnitude higher Isp than rockets at the low end of the Mach number range when
using hydrogen fuel as shown in Figure 1.1.
To determine how much improvement could be made to an access-to-space vehicle
with the addition of an airbreathing stage, Smart and Tetlow (2009) undertook a pre-
liminary study incorporating the RESTM12 (Mach 12 rectangular-to-elliptical shape-
transitioning) engine. The RESTM12 engine has a three dimensional inlet and a design
point of Mach 12 (for more information on the engine see Section 6.1). This study
looked at inserting a small payload into a 200km low earth orbit (LEO) using a rocket-
scramjet-rocket launch system. The system used a solid rocket booster to accelerate
the scramjet powered second stage to its ignition condition of Mach 6, the hydrogen-
fuelled airbreathing stage (pictured in Figure 1.2) then accelerates to its design condi-
tion of approximately Mach 12. Finally, the payload is ejected and boosted into LEO
by a final solid rocket stage while the airbreathing stage returns to earth to be reused.
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Figure 1.1: Specific Impulse Variation with Flight Mach Number for Engines with Hydrogen
Fuel (Adapted from Kors (1990))
Using conservative estimates, this corresponded to a LEO payload mass fraction of
1.47%, which compares favourably with existing rocket-based systems for small pay-
loads of approximately 0.9% (Smart and Tetlow, 2009). This system has recently been
further optimised by Jazra et al. (2013) leading to an increase in possible payload mass
fraction of 1.83%. This shows that the addition of an airbreathing scramjet stage to
a three stage launch system has the potential to increase the overall efficiency of an
access-to-space system for small payloads.
For these next generation launch vehicles, the scramjet stage must be able to oper-
ate into the hypervelocity (>3000 m/s) regime to be useful and engine operability and
performance over a wide Mach number range is required for successful accelerating
systems (Razzaqi and Smart, 2011; Smart and Tetlow, 2009). Testing of scramjets at
these conditions is currently limited by the inability of conventional ground facilities
to replicate the high total pressures and temperatures associated with flight. Flight
experiments are subject to material limitations and generally prohibitively expensive.
For this reason experimental data is scarce.
Despite these limitations there have been successful hypervelocity tests with the
most notable being the third flight in NASA’s Hyper-X program. This flight demon-
strated that scramjets can work at flight conditions up to Mach 9.68 (Marshall et al.,
2005).
At The University of Queensland scramjet technologies have been investigated,
primarily in the T4 free-piston reflected shock tunnel (T4 Stalker Tube), for the past
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Figure 1.2: Artists Rendition of a Hydrogen-Fuelled Scramjet Powered Second Stage from a
Rocket-Scramjet-Rocket Access to Space System 1
decades. An upgrade to the facility’s driver in November 2000 allowed for the genera-
tion of higher total pressures (Mee, 2001) and created the opportunity to perform true
hypervelocity ground testing with complete scramjet flowpaths. The RESTM12 scram-
jet engine was tested successfully at a Mach 8.7 flight condition in 2007 (Suraweera and
Smart, 2009) and followed up by a less than successful campaign in 2009 at its design
condition equivalent to flight at Mach 12 (Suraweera et al., 2009). It was postulated
that the failure was a result of the ingestion of a laminar boundary layer into the in-
let leading to a separation causing the inlet to not operate as designed. This problem
provides the motivation for this thesis.
1.2 Aim of Thesis
The primary objective of this thesis is to:
”investigate experimentally whether robust supersonic combustion can be generated in a
three-dimensional scramjet flowpath at a Mach 12 flight condition in an impulse facility.”
The method used to achieve this aim is primarily experimental and will comprise
of two test campaigns. An initial test campaign will focus on gaining knowledge about
the hypervelocity boundary layer transition process followed by a full flowpath, hy-
drogen fuelled scramjet test at a condition representative of flight at Mach 12.
In order to meet the primary aim of this thesis, the following research questions
need to be investigated:
1Image kindly provided by Dawid Preller
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1) Is it possible to design a boundary layer trip configuration capable of tripping a laminar
boundary layer to turbulence at a Mach 12 flight condition in the T4 Stalker Tube?
2) What influence does the state of the boundary layer have on the operation of a three-
dimensional REST inlet?
3) Can the T4 Stalker Tube generate Mach 12 flow for a period long enough to investigate
supersonic combustion in a small scale scramjet engine?
4) If so, what is the nature of the combustion in the engine and can the performance be
established?
5) Can the heat transfer rates in a scramjet combustor be measured at Mach 12 to within
20%?
Successfully answering these questions is vital in achieving the primary objective
stated above. The two experimental campaigns described in Chapter 5 and Chapter 6
were designed to give the greatest chance of answering these research questions and
ultimately achieving the primary objective of the thesis.
1.3 Organisation of Thesis
Chapter 2 - This chapter aims to provide a summary of the literature related to
the design and operation of a scramjet propulsion system with particular attention
to the hypervelocity regime. Also included is a brief summary of the few successful
hypervelocity scramjet tests completed to date. Finally, the chapter provides the reader
with some background information on the RESTM12 scramjet engine.
Chapter 3 - This chapter attempts to provide the reader with a brief summary of the
factors involved in the hypervelocity boundary layer transition process with a partic-
ular focus on the applications and mechanisms involved in roughness-induced transi-
tion. Also presented are some of the empirical criteria used to size the boundary layer
trips investigated in Chapter 5.
Chapter 4 - This chapter describes the T4 Stalker Tube and its operation, hyperve-
locity test flow conditions, instrumentation and optical setup used in Chapter 5 and
Chapter 6.
Chapter 5 - This chapter details the hypervelocity boundary layer transition exper-
iments performed in the T4 Stalker Tube. A description of the flat plat model is given
followed by the the details of the trip design. The results of the experiments are then
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detailed including pressure and Stanton number distributions for various trip config-
urations along with flow visualisations.
Chapter 6 - This chapter details the experiments performed on the RESTM12 scram-
jet engine at its design point. A description of the engine flowpath and experimental
apparatus is given followed by details of the fuel injection manifolds and fuel calibra-
tions. The results of the experiments are then presented beginning with the effect of
boundary layer state on the operation of the inlet. The results of the fuelled opera-
tion of the engine are presented and analysed by observing the pressure distributions
throughout the full flowpath. An attempt at quantitatively estimating the combustion
efficiency by comparison to one dimensional cycle analysis is detailed. Finally, using
experimental heat transfer measurements in the combustor, analysis of potentially us-
ing the fuel as a heat sink is presented.
Chapter 7 - This chapter sums up the findings of the preceding chapters by provid-
ing answers to the research questions posed in Section 1.2. Also discussed are some
recommendations for future work on this topic.
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Chapter 2
Review of Hypervelocity Scramjet Engines
This chapter aims to provide a summary of the literature related to the design and operation of
a scramjet propulsion system particularly at hypervelocity conditions. A brief introduction to
the operating principles of a scramjet is given followed by a discussion related to hypervelocity
scramjets in the application of access-to-space. Some of the inherent issues and design consider-
ations particularly associated with the hypervelocity operation of a scramjet are then discussed.
This is followed by a brief summary of the few successful hypervelocity scramjet tests available
in the literature. Finally, some background information related to the engine tested in Chapter 6
is included and previous test results are presented.
2.1 Issues and Design Considerations
The previous chapter details why it is important for scramjets to operate in the hyper-
velocity regime. Extending the operation of a scramjet powered vehicle to hyperve-
locity speeds puts extreme demands on the propulsion system. The system has many
inherent issues due to these excessive speeds. ”The system must survive the severe
thermal environment and operate at a high level of efficiency while producing enough
thrust to adequately accelerate the vehicle (Anderson et al., 2000)”.
Despite these issues there have been several successful hypervelocity scramjet ex-
periments; detailed in Section 2.2. Before scramjets can be reliably and economically
used for applications such as access-to-space, these issues must be better understood
and eventually resolved. This chapter details some of the important loss mechanisms
and design considerations associated with hypervelocity scramjet propulsion.
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2.1.1 Heat Release Limitations
As flight Mach number increases the optimisation of scramjet design becomes more
critical. This is due to the fact that the performance benefits (Isp) of a scramjet dimin-
ish with increasing Mach number (Anderson, 2006). This is reiterated in Anderson
et al. (2000) which states that ”at high-speed component efficiency becomes critical as
a consequence of the increasing kinetic energy in the airflow processed by the engine”.
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Figure 2.1: Hypervelocity Scramjet Design Challenge (Anderson et al., 2000)
Anderson et al. (2000) presents a rule-of-thumb (shown in Figure 2.1) that relates
the possible heat release to the kinetic energy of the airstream. This ratio is approxi-
mately 2 for Mach 6, as the Mach number is increased the ratio will rapidly decrease.
For example, at Mach 12 the ratio is approximately 0.5. Energy is proportional to ve-
locity squared and thrust is proportional to change in velocity. Therefore the diminish-
ing percentages of energy that can be added to the airflow lead to a reduction in the
amount of thrust that can be produced at increasing flight Mach numbers. At hyper-
velocity conditions the ratio of energy that can be added to the flow not only reduces,
so does the magnitude of possible heat release. This is due to the following reasons:
• The increased velocities and therefore lower residence times of the flow within
the combustor make it extremely difficult to achieve adequate mixing with low
losses while maintaining a significant axial component of the fuel momentum.
• As flight Mach number increases so does the temperature at the beginning of the
combustor leading to an increase in the level of endothermic reactions caused by
dissociation (McGilvray, 2008).
Issues and Design Considerations Section 2.1 9
2.1.2 Chemical Dissociation
At hypervelocity conditions inlet efficiency is affected by increases in static tempera-
ture caused by inefficiencies in the inlet compression process. High static temperatures
can result in excessive chemical dissociation which significantly reduces the combus-
tion heat release and therefore scramjet performance.
Figure 2.2 from Anderson et al. (2000) shows an example of inlet compression ef-
ficiency affecting the static temperature at the throat. It can be seen that achieving a
given static pressure with a high efficiency inlet that uses isentropic turning and weak
shock waves for compression results in a much lower static temperature than a less
efficient engine employing strong shock waves (i.e. two shock inlets).
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Figure 2.2: Static Conditions at Inlet Throat at a Flight M = 14 (Anderson et al., 2000)
As scramjet engines are accelerated to high Mach numbers on an ascent trajectory
the temperature of the flow entering the combustor increases due to the inlet com-
pression, the pressure also decreases due to the increase in altitude. It can be seen in
Figure 2.3 that the amount of heat release reduces dramatically with increasing tem-
perature and decreasing pressure (Kutschenreuter, 2000). This can potentially have a
significant effect on the performance of a scramjet powered vehicle at hypervelocity
conditions.
Ideally the dissociated species would recombine and recover the lost energy in the
equilibrium expansion process in the nozzle. Unfortunately optimized nozzle designs
usually consist of a rapid expansion in the initial nozzle contour which leads to a frozen
chemical process. Therefore the dissociation energy is lost from the propulsion cycle
and thus, net thrust is reduced (Anderson et al., 2000).
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Figure 2.3: Equilibrium Net Heat Release Trends (Kutschenreuter, 2000)
2.1.3 Fuelling Options
As stated in Section 2.1.1, the amount of heat release is limited at high combustor ve-
locities due to the inability of the fuel to mix and burn in the short residence times.
Achieving effective fuel distribution at hypervelocity conditions in a reasonable com-
bustor length is exceedingly difficult with fuel injection only from the walls of the
combustor (Anderson et al., 2000).
A number of novel methods for injecting fuel into a supersonic flow have been
devised and are shown in Figure 2.4. Due to the short residence times rapid mixing
times are required to achieve high combustion efficiency. The majority of the injection
methods deliver fuel directly in to the combustion chamber flow (Turner, 2010).
Figure 2.4: Fuel Injection Schemes used in Scramjets (Turner, 2010).
As with lower Mach numbers, good penetration of the fuel across the combustor
is a prerequisite for good mixing. At hypervelocity conditions the axial momentum
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provided by the fuel injection can have a major impact on engine performance. Fig-
ure 2.5 shows the effect of axial fuel momentum on Isp when hydrogen is injected at
0°(axial), 45°, 60°and 90°(normal) to the flow at a Mach 18 flight condition. This shows
that under such conditions axial injection almost doubles the Isp when compared to
normal injection (Kutschenreuter, 2000). The alternative to this scheme is to introduce
an intrusive form of injection such as a strut. Strut injectors can take advantage of the
increased Isp associated with axial injection and also increase mixing by injecting di-
rectly into the core airflow (Turner, 2010). Strut injectors have serious design concerns
such as drag, cooling and blockage therefore at hypervelocity conditions a balance be-
tween intrusive injector losses and reduced combustor length (Anderson et al., 2000;
Kutschenreuter, 2000).
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Figure 2.5: Fuel Injector Drag and Injection Angle Impact (Kutschenreuter, 2000)
Some other novel methods to combat the loss of heat release at hypervelocity con-
ditions due to mixing limitations are currently under investigation at The University
of Queensland; these include inlet injection and oxygen enrichment.
Inlet Injection
An alternate injection methodology that has attracted attention recently is moving the
fuel injection to the inlet (Gardner, 2002; Guoskoc et al., 2001). This methodology has
the advantage of significantly increasing mixing length without increasing the overall
length of the engine. The fuel can be mixed significantly prior to the combustor en-
trance allowing for the combustor length to be shortened and the overall performance
of the vehicle to be improved (Turner and Smart, 2010).
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Injecting on the inlet does have potential disadvantages such as a disruption or
changes to the operation of the inlet and pre-ignition of fuel in the inlet leading to
drag generation and possible unstart. Despite these potential drawbacks, inlet injec-
tion can potentially improve the performance of hypervelocity scramjet engines where
mixing length dominates combustion chamber length which is pertinent to overall per-
formance (Turner and Smart, 2010).
A recent investigation by Turner and Smart (2010) which applied inlet injection to
a three dimensional hydrogen fuelled scramjet engine at a Mach 8.1 flight condition
showed it to be a viable alternative. The experiments showed that inlet injection did
not disrupt the operation of the three dimensional inlet and robust combustion of the
hydrogen fuel was observed at equivalence ratios approaching 1.
Oxygen Enrichment
Another potential method to extend the performance of a scramjet propulsion system
into the hypervelocity regime is oxygen enrichment. Oxygen enrichment involves pre-
mixing the fuel with oxygen before injection. This method gives the fuel a head start
in the mixing process and also allows the possibility of fuel combustion at greater than
stoichiometric proportions (Razzaqi and Smart, 2011).
Razzaqi and Smart (2011) describes a set of experiments carried out in the T4 Stalker
Tube on a two dimensional scramjet engine at conditions corresponding to flight at
Mach 12.3. The engine employed at central strut injector which initially injected hy-
drogen fuel only followed by an enriched mixture of hydrogen and oxygen.
Figure 2.6: Performance Estimates for a Notional Scramjet Employing Oxygen Enrichment
(Razzaqi and Smart, 2011)
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Due to the extremely high combustor entrance velocity (3187 m/s) this condition
was expected to result in poor mixing and combustion. From Figure 2.6 it can be seen
that both the specific thrust and combustion efficiency were improved significantly
with the addition of oxygen enrichment (Razzaqi and Smart, 2011).
Although oxygen enrichment leads to greater specific thrust and combustion effi-
ciencies, these improvements may be offset by the need to carry an oxidiser and sub-
sequent infrastructure. Therefore the implementation of an oxygen enrichment system
would need to be factored into a complete vehicle optimisation to determine whether
it has the potential to improve performance at hypervelocity flight conditions.
2.1.4 Testing Facilities
Ground testing of hypervelocity scramjet propulsion systems require the replication of
the high total temperatures and pressures associated with flight. This limits the use of
most conventional ground test facilities. The large power requirements required to run
continuous flow facilities limit their use at high Mach numbers and therefore test time
must be sacrificed to reduce power requirements (McGilvray, 2008).
This was one of the major hurdles for NASA’s Mach 10 flight of the X-43A (details
in Section 2.2.1). Continuous flow facilities were able to be used for the Mach 7 ground
tests which allowed them to perform very extensive full-interface stage separation tests
and also explore force and moment responses to various throttle settings. The high
energy requirements for the Mach 10 mission flight limited testing to impulse facilities
which prohibited such tests being performed (Marshall et al., 2005).
Figure 2.7 shows a comparison of various ground facilities and the associated test
times. Currently, hypervelocity scramjet tests are limited to impulse facilities such as
reflected shock tunnels and expansion tubes. These short test times (order of µs - ms)
affect the ability to accurately test a scramjet model.
Short test times limit the scale of models that can be tested as it is suggested by
Jacobs et al. (1992) that three flow lengths along the model is required to establish the
flow. The limited test times also mean that the duplication of wall temperature to flight
cannot be simulated. This has the advantage that cooling requirements for models can
be met simply with heat sinks. Another difficulty is that experimental measurements
taken on the models in impulse facilities must be of the order of 1 MHz to get accurate
time histories.
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The main limitation for hypervelocity scramjet ground testing is the duplication
of the freestream conditions. Most impulse facilities stagnate the test gas before ex-
pansion to freestream pressure, therefore the high total pressures associated with hy-
pervelocity flight will exist as static pressure. These high static pressures present a
structural limit to achievable conditions. Figure 2.8 provides a comparison of various
facilities and their total pressure capability with flight Mach number. This total pres-
sure requirement can be reduced with direct connect testing but remains a limitation
for free-jet tests (McGilvray, 2008). Expansion tube/tunnels avoid this as they do not
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stagnate the flow although the test times are currently significantly less than reflected
shock tunnels which limits their use in scramjet testing.
Figure 2.8 also shows the total enthalpy capabilities of several hypersonic ground
facilities. Significant total enthalpies can be produced by reflected shock tunnels with
both detonation and free piston drivers. The stagnation of the test gas in these facili-
ties leads to extremely high static temperatures at hypervelocity conditions. At these
temperatures the oxygen and nitrogen molecules dissociate and cannot reform in the
short period of expansion through the facility nozzle. Therefore when simulating con-
ditions above approximately Mach 10 significant amounts of dissociation can affect the
freestream composition (Anderson, 1994). Again, expansion tube/tunnels avoid this
but short test times currently limit their use.
In summary, hypervelocity scramjet ground testing is currently limited by the re-
quirement for duplication of most freestream properties, equilibrium chemical com-
position and limited test times (McGilvray, 2008). The alternatives are flight testing
and CFD which also have their limitations. Flight testing remains very expensive and
complex while CFD provides a valuable tool, requires validation from either flight or
ground testing.
2.1.5 Aerothermodynamic Heating
Anderson (2006) describes aerodynamic heating and shear stress (hence drag) as an
extremely important aspect of hypersonic vehicle design. This design difficulty stems
from the fact that scramjets can only produce significant amounts of thrust within rel-
atively dense atmosphere (Smart, 2007). This becomes even more important at hyper-
velocity conditions where the associated increased velocities coupled with no-slip wall
conditions result in significantly increased heat transfer levels (Kutschenreuter, 2000).
This becomes most prominent at stagnation regions such as leading edges where
the amount of thermal energy is proportional to the freestream velocity squared. The
stagnation point heat transfer rates at hypersonic speeds is inversely proportional to
the square root of the radius, therefore ’sharp’ leading edges result in heat transfer
rates which exceed current material limitations and lead to severe structural issues.
For this reason leading edges must be blunt and depending on the flight duration an
appropriate cooling system installed. These issues are yet to be resolved and advances
in material technology will be required for the future of long duration hypervelocity
flight.
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2.1.6 Boundary Layer Separation
Oblique shockwaves are generated in scramjet flowpaths from the compression system
and also can originate from various corners and obstacles. When these shockwaves im-
pinge or originate from a solid boundary they impose an abrupt, almost discontinuous,
increase in pressure on the boundary layer flow adjacent to the surface. This pressure
discontinuity can have the unfortunate effect of separating the boundary layer, shown
schematically in Figure 2.9 (Heiser and Pratt, 1994).
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Figure 2.9: Schematic of Boundary-Layer Separation and Reattachment Caused by Impinging
or Originating Oblique Shock Waves (Heiser and Pratt, 1994)
The underlying mechanism for separation is that the cumulative upstream viscous
forces have removed the momentum necessary for the boundary layer flow to over-
come the imposed pressure rise. The likelihood of separation is increased by either
strengthening the shock or ’weakening’ the boundary layer. The major determinant of
the boundary layer strength is simply whether or not it is laminar or turbulent. Due
to a fuller velocity profile and the intense local mixing, turbulent boundary layers are
more resistant to separation as shown in Figure 2.10 (Heiser and Pratt, 1994).
This quickly becomes a problem in the hypervelocity regime, the high velocities and
low densities associated with flight in the upper atmosphere lead to low unit Reynolds
numbers which make the boundary layer unlikely to naturally transition on the ve-
hicles forebody. A laminar boundary layer entering the inlet of a scramjet is prone
to separation causing the inlet to operate less efficiently and potentially lead to a full
unstart.
For this reason, flight experiments such as the Hyper-X flight program have been
forced to develop boundary layer trips to force the boundary layer into turbulence to
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minimize the risk of separation. For more details on forced transition of hypervelocity
boundary layers refer to Chapter 3.
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Figure 2.10: Maximum Allowable Turning without Boundary-Layer Separation for Originating
Shock Waves as a Function of Upstream Mach Number (Redrawn from Heiser and Pratt (1994))
2.2 Previous Hypervelocity Scramjet Experiments
Despite all the difficulties in testing hypervelocity scramjets discussed in Section 2.1
there has been some very successful experimental programs. The following section
briefly describes the most successful hypervelocity scramjet tests available in the liter-
ature.
2.2.1 NASA X-43A Mach 10 Flight
Arguably the most successful scramjet flight program, Hyper-X, consisted of three
flight tests, two at Mach 7 and one at Mach 10. The partners in this multi-organisation
program were NASA Langley Research Center, NASA Dryden Flight Research Center,
Alliant Techsystems Inc., Orbital Sciences Corporation and Boeing. The first Mach 7
flight attempted in 2001 was unsuccessful due to a booster failure. The second test
was successfully completed on March 27, 2004. The third and final X-43A vehicle suc-
cessfully performed the Mach 10 mission on November 16, 2004 (Marshall et al., 2005).
This test was the first hypervelocity free flight of a scramjet powered vehicle.
The X-43A vehicle (shown in Figure 2.11) was powered by a hydrogen-fuelled,
airframe-integrated scramjet propulsion system using gaseous silane as an ignition
source. ”The goal of the Hyper-X program was to demonstrate and validate the tech-
nology, the experimental techniques, and the computation methods and tools for de-
sign and performance predictions of a hypersonic aircraft with an airframe-integrated,
scramjet propulsion system (Marshall et al., 2005).”
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Figure 2.11: X-43A Flight Vehicle (Berry et al., 2000)
The X-43A and booster were carried to the designated launch point (Mach 0.8 at
40,000 ft) by a B-52B. Five seconds after deployment from the B-52B the Pegasus booster
ignited and carried the X-43A to the designated separation conditions. Approximately
2.5 s after separation the cowl door opened and obtained 3 s of baseline fuel-off data.
The engine was then ignited and operated for approximately 10 s followed by a further
6 s of un-fuelled operation. During the 10 s of fuelled operation the engine provided
the predicted amount of thrust which allowed the vehicle to achieve cruise conditions
at Mach 9.68 (Marshall et al., 2005). The third flight of the Hyper-X program demon-
strated that scramjets can operate at flight conditions up to Mach 9.68 and 33.2 km
altitude.
Figure 2.12: X-34A Mach 10 Mission Profile (Marshall et al., 2005)
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2.2.2 The University of Queensland Mach 10 Two Dimensional Scram-
jet Engine
In order to investigate the validity of testing hypervelocity scramjets in expansion
tube/tunnel facilities McGilvray et al. (2010b) performed experiments on a two dimen-
sional scramjet configuration in the X2 Expansion Tube at The University of Queens-
land. The experiment was based on a full scale test of the same geometry performed in
the T4 Stalker Tube also located at The University of Queensland. Due to the limited
test time in X2, a 2/5 scale model was tested. Shown in Figure 2.13, the engine consists
of a three ramp inlet, constant area combustor and a simple expansion nozzle. Inlet in-
jection was employed 20 mm along the third wedge via four 2 mm diameter porthole
injectors. Hydrogen fuel was used in both scale tests.
The X2 conditions replicated Mach 10 flight at a dynamic pressure of 66 kPa, at this
condition approximately 500 µs of quasi-steady test time was available. McGilvray
et al. (2010b) develops a methodology for analysing the performance of the scram-
jet given the quasi-steady test flow. The results show that stable supersonic com-
bustion with significant pressure rise could be achieved in an expansion tube facility
(McGilvray et al., 2010b). The results from McGilvray et al. (2010a) also show good
agreement between the two models tested in the reflected shock tunnel and expansion
tube.
Figure 2.13: Drawing of the Mach 10 Scramjet Model Tested in the X2 Expansion Tube, Dimen-
sions in mm (Taken from McGilvray et al. (2010b))
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2.2.3 The University of Queensland RESTM12 Engine
The RESTM12 scramjet engine shown in Figure 2.14 is currently under investigation
in The University of Queensland’s T4 Stalker Tube. The engine features REST inlet
designed for Mach 12 flight, elliptical combustor and three dimensional nozzle. In-
formation on the history and design methodology of the REST inlets can be found in
Section 6.1.
A total of three campaigns have been undertaken to date in the T4 Stalker Tube
including:
• Off-design Mach 8.7 semi-free-jet tests in 2007 (Suraweera and Smart, 2009)
• On-Design Mach 12 semi-free-jet tests in 2009 (Suraweera et al., 2009)
• Off-design Mach 10.2 airframe-integrated free-jet tests in 2011 (Doherty et al.,
2012a)
Figure 2.14: Schematic of Full Size RESTM12 Engine Model (Smart, 2007)
Off-Design Mach 8.7 Results
Both semi-free-jet tests were performed with the model shown in Figure 2.15, the inlet
was machined using a three-axis mill in two halves from NUCURON® 651 and bound
together using epoxy adhesive. The elliptical combustor was made in a similar manner
to the inlet and the nozzle was manufactured with a glass filled nylon (CAPFormTM)
using a selective laser sintering technique (Suraweera and Smart, 2009).
The overall dimensions of the model are shown in Figure 2.14, the inlet had a total
geometric contraction ratio of 6.61 and an internal contraction ratio of 2.26 with short
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isolator downstream of the throat. Inlet injection was through three 4 mm portholes
angled at 45° to the local flow located 652 mm downstream from the leading edge.
The combustor began with a 2.5 mm rearward-facing circumferential step which in-
corporated 48 1.5 mm portholes angled at 10° relative to the isolator. The step height
was chosen to be smaller than the local boundary layer height to promote combustion
within the boundary layer in order to reduce skin-friction. A fast action solenoid valve
was used to provide gaseous hydrogen to both injection manifolds.
Following the end of the isolator, the combustor was angled at 6° to realign the
local flow with the nominal flight direction. The combustor began with a constant area
section 322 mm in length followed by a diverging section 242 mm long with an area
ratio 2.0 relative to the inlet throat. A 201 mm long generic thrust nozzle with an area
ratio of 4.0 followed the combustor.
Figure 2.15: Side (Left) and Front (Right) View of RESTM12 Scramjet Mounted in T4 Test Sec-
tion (Suraweera et al., 2009)
Detailed in Suraweera and Smart (2009), the first experiments of the RESTM12
scramjet engine were performed in T4 at a condition replicating Mach 8.73 flight at
a dynamic pressure of approximately 0.5 atm. Four fuelling configurations were tested
with all of them resulting in a positive thrust coefficient at equivalence ratios above
φ = 0.3 without the use of ignition aids (shown in Figure 2.16).
Inlet injection provided robust combustion and good internal thrust levels although
inlet unstart occurred at equivalence ratios above φ = 0.61. Stable mixing-limited com-
bustion was observed for step injection up to φ = 1.23. Combined intake and step
injection was shown to have the best performance. The experiment demonstrated that
”rectangular-to-elliptical shape-transition scramjets designed for access-to-space appli-
cations can operate efficiently at conditions below the design Mach number (Suraweera
and Smart, 2009).”
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Figure 2.16: Thrust Coefficients as a Function of Equivalence Ratio (Suraweera and Smart,
2009)
On-Design Mach 12 Results
Following the successful off-design condition test of the RESTM12 scramjet an on-
design campaign was undertaken. Again the tests were performed in semi-free-jet
mode where the facility nozzle produces the post 6° forebody shock conditions. The
nozzle exit and resulting simulated flight conditions for the nominal condition are de-
tailed in Table 2.1. Three other conditions were tested including a Mach 11 condition,
for details see Suraweera et al. (2009).
Table 2.1: Nominal Test Flow Conditions
Quantity Forebody/Nozzle Exit Simulted Flight
Mach Number 9.21 12.0
Velocity (m/s) 3670 3820
Static Temperature (K) 396 253
Static Pressure (kPa) 1.113 0.242
Reu (1/m) 1.58 x 106 0.79 x 106
Figure 2.17 shows a comparison of typical bodyside pressure distributions along
with numerical simulations for the nominal condition. Comparisons between experi-
mental and numerical bodyside pressure distribution for the off-design condition show
good agreement (Suraweera and Smart, 2009) whereas for the on-design condition, the
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experimental results exhibited consistently larger pressure levels in the inlet. Down-
stream of this region the shock structure was not predicted well for either of the body-
side or cowlside surfaces (Suraweera et al., 2009).
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Figure 2.17: Fuel-Off Normalised Pressure Distribution on Bodyside (Suraweera et al., 2009)
Several laminar and turbulent simulations were run at this condition but none were
able to closely match the experiment. It was postulated that this mismatch between
experimental and numerical results was due to the separation of a laminar boundary
(see Section 2.1.6) layer on the forward bodyside section of the inlet. Several boundary
layer trip configurations (see Table 2.2), a lengthened forebody and an increased lead-
ing edge radius were all used in an attempt to trip the boundary layer although none
were successful (Suraweera et al., 2009).
Table 2.2: Boundary Layer Trip Configurations (Suraweera et al., 2009)
B.L Trip Type Description
BL1 Discrete Sawtooth 5 mm x 7 mm
BL2 Distributed Sand Paper 60 grit (269 µm), 50 mm wide
BL3 Distributed Sand Paper 16 grit (1320 µm), 50 mm wide
BL4 Distributed Salt (400 µm), 10 mm wide
BL5 Distributed Sand Paper 40 grit (425 µm), 80 mm wide
BL6 Distributed Sand Paper 36 grit (538 µm), 40 mm wide
BL7 Discrete Ramp, 1.6 mm high
BL8 Distributed Salt (900 µm), on blunt 3 mm leading edge
BL9 Discrete BL1 mounted parallel to cowl leading edge
BL10 Discrete Diamond 4 mm x 6 mm
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Off-Design Mach 10.2 Airframe-Integrated Free-Jet Tests
After successful testing of the RESTM12 engine at off-design conditions simulating
flight at Mach 8.7 (described in Suraweera and Smart (2009)), the engine was redesigned
and tested in free-jet mode at Mach 10.4. As seen in Figure 2.18 the flowpath was in-
tegrated with a forebody and streamlined external geometry to replicate an airframe
integrated scramjet configuration. This was done to allow the engine to be placed on a
three-component force balance (Doherty, 2013).
The experiments were performed in the T4 Stalker Tube at The University of Queens-
land. The facility nozzle provided the Mach 10.4, 48 kPa dynamic pressure flight con-
ditions allowing the model to be tested in free-jet mode. The model used hydrogen fuel
injected at two stations, 45° porthole injection on the inlet and step injection located at
the combustor entrance (Doherty et al., 2012a).
The results of the experiments showed that using a combined injection scheme (30%
inlet injectors, 70% step injectors), a good combustion pressure rise could be achieved
for equivalence ratios up to φ = 0.86. This proved that an airframe integrated REST
scramjet could sustain combustion at hypervelocity conditions.
Figure 2.18: Airframe Integrated RESTM12 Engine in T4 Stalker Tube (Provided by Luke Do-
herty, 2013)
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2.3 Review of Hypervelocity Scramjet Engines Review
Summary
For access-to-space applications scramjets are required to operate in the hypervelocity
regime. As described in Section 2.1 there are many issues and design considerations
inherent with flight at these conditions. These need to be overcome before scramjets
can be successfully integrated into more economical launch systems.
Despite these difficulties several hypervelocity experiments have been successfully
performed. Of interest in this thesis is the RESTM12 engine which is described in Sec-
tion 2.2.3. Two successful experimental campaigns in the T4 Stalker Tube have shown
that the engine performs well at off-design conditions. The on-design campaign was
unsuccessful due to the presence of a separation in the inlet postulated to be caused by
the ingestion of a laminar boundary layer.
Inconclusive heat transfer results from the on-design campaign made it impossible
to be certain of the state of the boundary layer entering the inlet. The inability to
force the boundary layer into turbulence provides the motivation for this thesis. A
more fundamental transition experiment is detailed in Chapter 5 which has the aim
of gaining a better understanding of the transition process at hypervelocity conditions
and determining whether or not it is possible to trip a boundary layer at the RESTM12
engines design condition. Prior to detailing the experiments it is important to review
the literature in relation the forced transition of hypervelocity boundary layers.
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Chapter 3
Review of Forced Hypersonic Boundary
Layer Transition
A recent surge in interest for hypersonic airbreathing propulsion has led to a renewed interest in
the boundary layer transition phenomenon at increasingly higher Mach numbers. This chapter
attempts to provide the reader with a brief summary of the factors involved in the hypersonic
boundary layer transition process with a particular focus on the applications and mechanisms
involved in roughness-induced transition.
The chapter begins by introducing the boundary layer transition process and discussing
its importance to hypersonics. This is followed by the introduction of some basic principles of
boundary layer transition required to support Chapter 5 which details a set of forced transi-
tion experiments. Following this, the chapter focuses on the importance of roughness-induced
transition to hypersonics and the effect roughness has on the transition process. Finally, the
dominant factors involved in the process are discussed and the pros and cons of some common
roughness-induced transition criteria are presented.
3.1 Boundary Layer Transition
A boundary layer is a ”layer of fluid, close to the surface of a body placed in a moving
stream, that is distinguishable from the main airflow by distinctive flow characteris-
tics of its own caused by friction (Gipson, 1996).” A boundary layer can be classified
as in one of two states, laminar or turbulent. The initial laminar state is highly stable
and any disturbances, introduced by the freestream or surface roughness, will not be
amplified. At some point downstream, as the Reynolds number increases, these dis-
turbances begin to grow until it becomes completely unstable and a fully turbulent
boundary layer is established, this process is shown in Figure 3.1 (Anderson, 2006).
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Since the late 19th century, boundary layer transition has been a well-observed phe-
nomenon in fluid mechanics. Although well-observed, to this day, transition to turbu-
lence is not well understood. This is particularly true for the hypersonic flow regime
where transition exhibits some ”peculiar anomalies in comparison to our experience at
lower speeds (Anderson, 2006).” The recent surge in interest for hypersonic airbreath-
ing vehicles has made it clear that the ability to predict and control the state of the
boundary layer is extremely important to vehicle design and operation.
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Figure 3.1: Boundary Layer Transition Schematic (Redrawn from White (2006))
3.1.1 Importance of Transition to Hypersonics
Hypersonic flow is generally defined as flow with Mach number > 5 however this is
simply a rule of thumb. Anderson (2006) defines hypersonic flow as a ”regime where
certain physical flow phenomena become progressively more important as the Mach
number is increased to higher values.” Boundary layers become very important in hy-
personic flow, the extremely high kinetic energies associated with this regime are con-
verted to thermal energy within the boundary layer leading to very high temperatures
and heat loads. Whether the boundary layer is laminar or turbulent has a significant
effect on both re-entry and cruise/accelerator vehicles.
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Re-entry vehicles such as the Apollo capsules and space shuttle require thermal
protection systems to protect them from the heat loads experienced when re-entering
the earth’s atmosphere. The state of the boundary layer can have a significant effect
on the heat loads with a turbulent boundary layer increasing the heat load by a factor
of 3 or more (Anderson, 2006). The ability to reliably predict transition can lead to
an optimised heat shield with minimum mass leading to increased payload to mass
ratios. Currently, thermal protection systems are conservatively over-designed as no
reliable method exists to accurately determine the heat loads on re-entry. Along with
this, unexpected early transition can occur due to surface roughness or damage lead-
ing to higher than expected heat loads which can lead to catastrophic failure like the
destruction of the Columbia space shuttle in 2003 (Evans, 2005). This phenomenon is
shown in Figure 3.2, it can be seen that increased surface erosion exists behind rough-
ness element such as rivets and pressure taps.
Figure 3.2: Apollo Heat Shield Immediately After Qualification Flight Test 1966 (Schneider,
2007)
Transition also has significant effects on hypersonic airbreathing vehicles such as
external aerodynamic factors including drag, stability and heat loads and also affects
inlet operability. It is well documented that in order to provide the most robust scram-
jet propulsion system, a turbulent boundary layer is required at the inlet interface. This
makes the engine less susceptible to internal flow separations caused by the compres-
sion process within the inlet (Berry et al., 2001a). This phenomenon makes hypersonic
boundary layer transition pertinent to the design of hypersonic vehicles and the ability
to reliably predict and control the state of the boundary layer vital for both flight and
tunnel testing. For more information on separation and its effect on scramjet inlets see
Section 2.1.6.
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3.2 Boundary Layer Theory
3.2.1 Laminar Boundary Layer Characteristics
This section does not intend to cover laminar boundary theory just define some impor-
tant characteristic lengths that are required for the understanding of this thesis. For
more detail on boundary layer theory see Schlichting (1960).
An important variable used in designing boundary layer trips is the thickness of
the boundary layer δ. There are many definitions of this characteristic length although
the most common is based on the freestream velocity. The definition used throughout
this thesis is based on Cebeci and Bradshaw (1984) and is as follows:
u = 0.995ue (3.1)
Also used in roughness-induced boundary layer transition correlations are dis-
placement thickness (δ?) and momentum thickness (θ). Both are used to compare the
viscous flow velocity with the inviscid profile. This becomes important in hypersonic
flows as boundary layers tend to be very thick. Displacement thickness is the distance
that the surface would need to be shifted in the direction perpendicular to the flow
so that the inviscid mass flow was equal to the actual viscous flow prior to shifting.
Mathematically it can be represented as:
δ? =
∫ ∞
0
(
1− ρu
ρeue
)
dy (3.2)
Similarly, momentum thickness is defined as the distance the wall would need to
be shifted in addition to the displacement thickness so that the inviscid momentum
flow was equal to the actual viscous momentum flow prior to shifting.
θ =
∫ ∞
0
ρu
ρeue
(
ue − u
ue
)
dy (3.3)
3.2.2 Stanton Number
The convective heat flux to the wall (Qw) is significantly higher for turbulent boundary
layers than laminar ones, therefore the measurement of local heat transfer distribution
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can be used to assess the state of the boundary layer. In order to allow for the compar-
ison of heat transfer rates for different conditions a non-dimensional parameter know
an Stanton number is introduced. Stanton number represents the ratio of the heat
transfer to the wall to the heat that is convected through the boundary layer (Tirtey,
2008).
St =
Qw
ρ∞u∞(h0 − hw) (3.4)
Equation (3.4) shows the modified Stanton number which uses the freestream prop-
erties rather than the more traditional form which uses the boundary layer edge prop-
erties. This is due to the fact that freestream properties are much easier to calculate
experimentally.
3.3 Factors Influencing Transition
”The process of transition from laminar to turbulent flow remains almost as baffling as
the turbulence in the flow that follows it (Reshetko, 1969).” There are very few things
about transition that are known for certain other than that it occurs if the Reynolds
number is high enough. This lack of knowledge is due to the fact that the process is
complex and is influenced by many contributing factors (Stetson, 1990).
”Even though some of these parameters play only a minor role in the transition
process, the effects of the major parameters are usually interrelated and difficult to
interpret (Stetson, 1990).” This makes it very difficult to develop empirical relations
that can be used widely to predict transition, it is simply impossible to include enough
parameters. Usually only the dominant parameters are included and the others ne-
glected. This means that when a correlation is applied to a new situation, it is assumed
that all the neglected effects are unchanged, which is seldom the case (Stetson, 1987).
Therefore if no experimental transition data exists for a desired application, an esti-
mate of the transition Reynolds number is essentially guesswork (Anderson, 2006).
This problem is exacerbated in the hypersonic regime due to a lack of experimental
data.
Although this chapter mainly focuses on roughness-induced transition, in particu-
lar three dimensional isolated roughness, it is important to be familiar with the basic
factors involved in natural transition. This knowledge is important in attempting to
understand the physics of roughness-induced transition. The factors considered to
have the largest impact on transition will be looked at briefly, for a more in-depth
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review of factors contributing to natural transition see the comprehensive report by
Stetson (1990).
3.3.1 Local Mach Number
It is well known that edge Mach number (Me) has a significant effect on transition.
Wind tunnel transition data generally follows the same trends with ReT decreasing
from Me ≈ 1 to Me = 2.5− 3 with a minimum occuring around Me = 3− 4 followed
by ReT increasing consistently with Mach number (Stetson, 1990). This general trend
can be seen in Figure 3.3 from Stetson (1987):
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Figure 3.3: Transition Reynolds-Number Data on Sharp Cones from Wind Tunnels and Free
Flight (Redrawn from Stetson (1987))
The initial trend of decreasing ReT with increasing Mach number in the supersonic
range has been attributed to the increase in freestream disturbances generated in wind
tunnels. As the Mach number increases into the hypersonic range, large increases in
ReT have been observed. These observations have been supported by boundary layer
stability theory which shows that as Mach number is increased, maximum amplifica-
tion rates decrease producing more stable laminar boundary layers which in turn, lead
to greater ReT (Anderson, 2006).
This Mach number effect has both positive and negative impacts on the design of
hypersonic vehicles with boundary layers remaining laminar for significant lengths.
This reduces both skin friction and aerodynamic heating on the vehicle which is very
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advantageous at speeds where drag must be minimised. On the other hand, laminar
boundary layers can potentially cause problems for the efficient operation of scramjet
inlets by increasing the susceptibility to boundary layer separations.
3.3.2 Unit Reynolds Number
Unit Reynolds number (Reu) is defined as the Reynolds number (ρeuex/µe) with the
reference length (x) taken as unity (1 m). Unit Reynolds number has long been known
to have a significant effect on transition Reynolds number. It can be seen from Fig-
ure 3.3 that an increase in unit Reynolds number leads to an increase in transition
Reynolds number. There is no clear physical reason to expect this however it is sup-
ported by experimental data (Anderson, 2006).
Initially, this correlation was almost exclusively seen in wind tunnel experiments,
due to the possibility that freestream disturbances were responsible there was some
uncertainty as to whether this effect actually existed in flight. Ballistic range tests have
since proven that the unit Reynolds number effect on transition also occurs in free
flight. The cause of this effect has been subject of much debate and ”a suitable expla-
nation and an accounting of the phenomena involved is still not complete (Stetson,
1990).”
3.3.3 Freestream Disturbance
The relationship between the environment and the boundary layer disturbances re-
sponsible for transition are of great importance to boundary layer transition. ”The en-
vironment provides an extremely important initial condition for any boundary layer
transition problem (Stetson, 1990).” Disturbances can originate from freestream distur-
bances, acoustic disturbances and disturbances that are introduced into wind tunnel
flows from the active turbulent boundary layer on the walls/nozzle of the tunnel. As
discussed in the previous sections, these environmental disturbances can contaminate
the flow and have dramatic effects on the transitional behaviour of a boundary layer
(Anderson, 2006).
The problem of environmental disturbances is often overlooked and provides a rea-
sonable explanation in the difference between transition Reynolds numbers in different
facilities and of course flight. This variation in disturbance level makes it very difficult
to obtain a global transition criterion capable of predicting transition for any situation.
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In supersonic and hypersonic wind tunnels, strong acoustical disturbances are cre-
ated by the turbulent boundary layer in the nozzle leading to lower transition Reynolds
numbers than found in flight, this can be seen in Figure 3.3.
3.3.4 Other Factors
There are many other well-known factors that influence the transition location includ-
ing, nose tip bluntness, surface temperature and angle of attack along with many other
secondary factors. For more information on these factors see Stetson (1987) and An-
derson (2006).
3.4 Roughness-Induced Transition
3.4.1 Importance to Hypersonics
The effect of roughness-induced boundary layer transition has been studied for three
main purposes:
• To trip a boundary layer to turbulence.
• Do determine whether naturally occurring roughness will cause early transition.
• To determine the largest allowable roughness that will not affect the location of
transition (Schneider, 2007).
This section will focus on the first point. Unfortunately most scramjet powered
vehicles designed to operate at the high hypersonic Mach numbers required for access-
to-space do not experience natural transition on their forebodies due to the low unit
Reynolds numbers associated with flight within the upper atmosphere. As mentioned
in Section 3.1.1, scramjet powered vehicles require a turbulent boundary layer entering
the inlet to withstand the pressure gradients and prevent boundary layer separations
which affect the inlet operation and can potentially lead to inlet unstart (Berry et al.,
2001a). For this reason, boundary layer trips are usually required.
Boundary layer trips are generally classified as two separate classes, distributed
and isolated roughness. Distributed roughnesses are such that each roughness ele-
ment is not considered individually such as sand paper. With isolated roughness, each
element is considered, in other words, all characteristic dimensions of the element are
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of the same order of magnitude (Schneider, 2007; Tirtey, 2008). There are many types
of isolated roughness including passive and active roughness elements along with cav-
ity roughness elements. The most commonly used and studied are the isolated passive
roughness elements. This type of trip was used in the hypersonic boundary layer tran-
sition experiments in Chapter 5 and will be the focus of the remainder of this chapter.
Designing effective trips is currently an explorative process due to a lack of un-
derstanding of the forced transition process. Numerical modelling cannot be used
to model disturbances such as boundary layer trips as they induce by-pass transi-
tion mechanisms which make the development of analytical models extremely difficult
(Stetson, 1992).
Attempts have been made to develop empirical correlations for designing bound-
ary layer trips to effectively force the boundary layer to turbulence although, as with
natural transition, these have limited use when applied to new configurations and con-
ditions. Currently none provide a good agreement with all the data (Schneider, 2007),
therefore if a trip is required, a new set of experiments must be performed. Despite
this, some general trends can be seen within the literature and empirical correlations
provide a good starting point for a forced transition study. Therefore, the relevant lit-
erature relating to forced transition of hypersonic boundary layers will be reviewed.
Before this can take place it is important to define some common variables and terms
associated with forced boundary layer transition.
3.4.2 Definition of Common Terms and Variables
Most empirical correlations are based on the (k/δk) parameter with k being the trip
height and δk being the laminar boundary layer thickness at the trip location (as shown
in Figure 3.4). Other variables commonly used are Xk and Xt which refer to the distance
from the leading edge to the trip location and transition location respectively.
In general, the effect of roughness is to move the transition point forwards with
the amount of movement proportional to the roughness height, k (Schneider, 2007).
Figure 3.5 shows a classic example of the effect of roughness height on the location of
transition. The experiments from Van Driest and Blumer (1961) were performed in the
12-inch supersonic wind tunnel at the Jet Propulsion Laboratory, California Institute
of Technology on a 10 degree cone at Mach 2.71. Spherical roughness elements of
different heights were investigated at different unit Reynolds numbers (Reu). It can be
seen from the ’smooth wall’ results that the natural transition length decreases with
increasing Reu which is typical.
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Figure 3.4: Definition of Common Variables for Transition Criteria (Redrawn from Tirtey
(2008))
When the 0.15 mm (0.0058 inch) spherical roughness elements are applied to the
cone it can be seen that at low Reu the transition location begins to deviate from the
smooth wall transition location. This is known as the ’critical’ conditions for roughness
(Schneider, 2007). In other words a ’critical’ boundary layer trip is the smallest size that
begins to affect the transition location.
Figure 3.5: Definition of Critical and Effective Roughness (Schneider, 2007)
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As the Reu is increased, the boundary layer begins to become thinner. This makes
the boundary layer trip appear larger relative to the boundary layer thickness (the k/δ
parameter increases) which further moves the transition point forward. This can be
seen in Figure 3.5 where the transition point moves rapidly towards the trip location.
Following this, as the Reu is further increased, the transition point remains directly
behind the trip. The smallest trip which provides turbulent flow directly behind the
trip is known as an ’effective’ trip. This is due to the fact that any increase in trip size
does not shift the transition point it only increases disturbances to the flow which often
have a detrimental effect (Schneider, 2007).
3.4.3 Effects of Roughness on Transition
It is generally accepted that transition occurs due to the amplification of disturbances
within the laminar boundary layer. A lot of research has been completed to model the
growth of these disturbances providing a good understanding of the natural transition
process. However, disturbances such as isolated roughness are known to introduce
bypass mechanisms making modelling extremely difficult (Stetson, 1992). Therefore
there is currently ”no general mechanism-based theory for determining the conditions
under which roughness can cause transition (Schneider, 2007).”
According to Schneider (2007), there appears to be at least three different ways by
which roughness can affect stability and transition:
1. Streamwise vorticity is generated by the wake of the roughness element along
with a potentially unstable shear layer. This wake may cause the boundary layer
to transition behind the trip however there is little known about this at hyper-
sonic speeds.
2. Streamwise vorticity behind small roughness elements can grow via instability
mechanisms, which can potentially lead to transition.
3. Freestream disturbances can interact with roughness to generate instability waves
or precursors to instability waves via a receptivity process.
Although roughness-induced transition is still not well understood, the many ex-
periments performed over the past decades have led to some clear trends emerging.
Two of the most important parameters affecting roughness-induced transition is the
effect of Mach number and roughness geometry. These will be discussed in the subse-
quent sections.
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3.4.4 Influence of Mach Number
Figure 3.6 from Schneider (2007) shows the results of several forced transition exper-
iments with effective roughness Reynolds number plotted against roughness position
Reynolds number. It can be seen that the edge Mach number has a significant effect
on the required roughness size. This shows that for hypersonic edge Mach numbers,
effective trips are required to be an order of magnitude larger than if the edge Mach
number is supersonic (Morrisette et al., 1969). It is thought that this is due to the high
Mach number shear layer being much more stable which may explain the insensitivity
to roughness effects (Schneider, 2007).
Figure 3.6: Variation of Effective Roughness Reynolds Number with Roughness Position
Reynolds Number and Edge Mach Number (Schneider, 2007)
Another influence of Mach number is that as it increases, transition begins to oc-
cur further downstream of ’effective’ trips. Figure 3.7 shows the variation with Mach
number of the Reynolds number based on the distance between the trip and transition
location. This clearly shows that for hypersonic Mach numbers, even with ’effective’
trips, transition occurs a considerable distance downstream (Schneider, 2007).
This phenomenon was recently observed in the boundary layer trip development
experiments for the Hyper-X program described by Berry et al. (2001a). The exper-
iments took place on a one-third scale model of the X-43A forebody at both Mach 7
and Mach 10 flight conditions. Five different trip configurations were tested in three
separate facilities. The forebody consisted of three compression ramps with the trip
location approximately 188 mm from the leading edge (prior to the first compression
ramp).
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Figure 3.7: Variation with Mach Number of Reynolds Number Based on Distance from Trip to
Transition (Schneider, 2007)
Figure 3.8 and Figure 3.9 show the results of the first trip geometry (diamond vortex
generator) tests for the Mach 7 and Mach 10 flight conditions respectively. It can be
seen from Figure 3.8 that for the Mach 6 condition, as the trip height is increased, the
transition location begins to move forward with the largest trip (k = 0.120in) being
effective.
Figure 3.8: Effect of Trip Height for the X-43A Mach 7 Tests (Berry et al., 2001a)
Figure 3.9 shows the experimental results using the same trip configuration but at
the Mach 10 condition. It can be seen that increasing the trip height does indeed shift
the transition location forward but even the largest trip was unable to bring transition
up to the trip. This example shows how important this ’delayed’ transition phenomena
at high Mach numbers can be.
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Figure 3.9: Effect of Trip Height for the X-43a Mach 10 Tests (Berry et al., 2001a)
In conclusion, it has been shown that roughness-induced transition is dramatically
affected at hypersonic Mach numbers. Although it does seem possible to trip these
boundary layers, the trips must be very large (at least twice the boundary layer height)
which can have adverse effects on flight vehicles, for example, increased pressure drag
and severe aerothermodynamic effects (Morrisette et al., 1969). For this reason, the in-
fluence of trip geometry is extremely important and will be discussed in the following
section.
3.4.5 Influence of Roughness Shape
Schneider (2007) describes the ideal roughness elements as having the ability to trip
the boundary layer to turbulence very rapidly whilst inducing minimum drag at the
roughness itself. For this reason transition experiments have taken place over the
previous decades to determine the most efficient roughness shape. Experiments per-
formed by Hicks and Harper (1970) on a sharp flat plate at a Mach numbers ranging
from Mach 1.59 to Mach 2.91 compared a triangular trip to the, at the time, more con-
ventional spherical shape. The outcome of this experiment was that the triangular trip
acted as a more effective trip as shown in Figure 3.10. This shows that the shape of an
isolated roughness element can have an influence on transition.
To investigate the effect of roughness shape, Tirtey (2008) performed experimen-
tal measurements, flow visualisations and CFD computations on several common trip
geometries including cylinders, diamonds, swept ramps and half spheres (shown in
Figure 3.11) to establish any difference in the resulting structures. Strong similarities
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Figure 3.10: Effective Roughness Reynolds Number for Spherical and Triangular Trips at Mach
2.91 (Redrawn from Hicks and Harper (1970))
were shown between all of them. Each shape generated vortical structures around
the roughness element which flow downstream forming a wake. These vortical struc-
tures were caused by pressure gradients and/or shock wave/boundary layer interac-
tions and depending on the trip geometry the number and strength of these structures
differed. In general, the weaker structures disappeared leaving a number of counter-
rotating vortices persisting downstream with the number of these vortices shown not
to have a significant on the roughness efficiency.
Tirtey (2008) concludes that although roughness shape influences transition, it is
a secondary effect to roughness height which is the dominant variable. Roughness
height strongly influences the level of disturbance and size and strength of the trailing
streamwise vortices which are thought to lead to transition. This result is agrees with
Morrisette et al. (1969) which states that the ”trip shape is relatively unimportant to the
tripping mechanism.”
Figure 3.11: Roughness Element Geometries Studied by Tirtey (2008)
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Although it is thought that the roughness shape is ’relatively unimportant’, cer-
tain geometries have advantageous aerothermodynamic characteristics that become
extremely important for flight vehicles. This was emphasised in the recent Hyper-X
program where five different trip configurations (see Figure 3.12) were tested for the
X-43a flight experiments (Berry et al., 2001a).
Figure 3.12: Types of Trips Tested During the Hypersonic Boundary Layer Trip Development
for Hyper-X (Berry et al., 2001a)
Of the five configurations tested Trip 1, the diamond configuration, performed the
best providing an effective trip for Mach 6 and moving transition to the beginning of
ramp 2 for the Mach 10 condition. Although it was most effective, it had two poten-
tially significant drawbacks, firstly, the vortices it created were relatively strong and
persisted into the turbulent region which could provide non-uniform flow to the in-
let and enhanced heating levels. Secondly, the blunt face of the trip would contribute
unnecessary drag and there were concerns whether the trip could be structurally de-
signed for flight. For these reasons they decided to use swept ramp type trip (Trip
2c from Figure 3.12) for flight as it performed almost as well as Trip 1 without the
aerothermodynamic drawbacks (Berry et al., 2001a).
In summary, it has been found that roughness shape does have a small influence
on transition although trip height still remains the dominant factor. Depending on the
application, roughness shape can be a significant factor and must be investigated.
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3.4.6 Common Roughness-Induced Transition Criteria
Tirtey (2008) provides a comprehensive review of roughness-induced transition liter-
ature including an in-depth look at the common transition prediction criteria. Fig-
ure 3.13 shows a summary of the transition criteria reviewed including the physical
parameters accounted for in the criteria and also the source of the data whether it be
wind tunnel, quiet tunnel or flight data.
Figure 3.13: Summary of Transition Criteria with Included Physical Effects and Databases
(Tirtey, 2008)
In the conclusion Tirtey (2008) recommends caution when using the common tran-
sition prediction criteria as very limited physics is included in the correlations. The
table shows that local Reynolds number, Mach number and surface temperature are
well represented but other parameters known to have a large contribution to transi-
tion such as freestream disturbances are poorly represented.
Despite this caution, these correlations provide a good starting point for designing
the boundary layer trips used in the hypersonic boundary layer transition experiments
detailed in Chapter 5. As three dimensional roughness elements will be required, two
common transition criteria will be reviewed.
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Shuttle
Based on both flight and wind tunnel data during the United States space flight pro-
gram, the Shuttle criterion attempts to estimate the state of the boundary layer behind
an isolated roughness element. Shown in Equation (3.5), the correlation is based on
Reynolds number with momentum thickness as the reference length, Mach number at
the roughness element, roughness height (k), laminar boundary layer thickness at the
roughness element (δ) and a constant C.
Reθ
Mδ
= C(
k
δ
)−1 (3.5)
Figure 3.14: Shuttle Orbiter Transition Correlation (Berry et al., 1998)
The results from the US Space Shuttle experiments are shown in Figure 3.14, this
results in values of C as 20 and 30 for the critical and effective roughness height respec-
tively. This is nothing more than data fitting to form a correlation, although Mach num-
ber, Reynolds number and roughness height are included, many other effects known to
have an influence on transition have been neglected. This criterion therefore lacks uni-
versality and its general application should be used with caution (Tirtey, 2008). The
same criterion was then applied to the NASA X33 vehicle with the results shown in
Figure 3.15.
It can be seen that the correlation needed to be ’re-calibrated’ to fit the results of
the X33 transition experiments with C becoming 45 and 60 for the critical and effective
roughness height respectively. Despite this, the criterion tends to give good results on
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flat plate geometries and although as it requires calibration it can simply be used as a
diagnostic tool rather than a reliable vehicle design tool (Tirtey, 2008).
Figure 3.15: X33 Transition Correlation (Berry et al., 2001b)
Van Driest - Blumer
Van Driest and Blumer (1961) details boundary layer transition experiments performed
on a 10° cone at an edge Mach number of 2.71 in the 12-inch supersonic wind tunnel
of the Jet Propulsion Laboratory (CIT). Spherical roughness elements of varying size
were used at a spacing of 4k to examine the effect on transition. Transition was de-
tected using a magnified schlieren system. Many variations of trip height and location
were explored with the results summarised in Figure 3.16.
Figure 3.16: Summary of Roughness-Induced Transition Data on a Cone at Mach 2.71 (Van Dri-
est and Blumer, 1961)
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Plotted in Figure 3.16 is the transition Reynolds number versus the Reynolds num-
ber based on the trip height. From the data it was established that:
Rek ' Re1/4xk (3.6)
Following detailed dimensional analysis and curve fitting a correlation for roughness-
induced transition on a cone was derived:
Rek =
ρδukk
µw
= 32.8(1 +
(γ− 1)
2
M2δ)Re
1/4
xk (3.7)
And for a flat plate:
Rek = 43.2(1 +
(γ− 1)
2
M2δ)Re
1/4
xk (3.8)
3.4.7 Summary of Roughness-Induced Transition
It can be concluded that addition of roughness elements to the hypersonic boundary
layer transition process greatly increases its complexity. From Figure 3.13 it can be seen
that no single empirical study is able to include all of the parameters known to affect
transition. For this reason no good general hypersonic transition prediction method
exists.
Despite this lack of a global transition criteria, valuable information regarding the
effect of various parameters on transition can be established from the great mass of
transition data (Stetson, 1990). For instance, it is very clear from the data that at
hypersonic edge Mach numbers, very large roughness heights are required to affect
transition (Schneider, 2007). Although common roughness-induced transition criteria
should be used with caution, they provide a good starting point for any further studies
such as the one presented in Chapter 5.
Chapter 4
Experimental Facility and Instrumenta-
tion
To meet the aims set out in Section 1.2, two experimental campaigns were required. The first
aims to explore the boundary layer transition process at hypervelocity conditions on a flat plate
representing the forebody of a scramjet powered vehicle. The particular condition of interest
is the design point of the RESTM12 scramjet which is flight at Mach 12 in the upper atmo-
sphere. The results of these experiments and details of the experimental apparatus are given in
Chapter 5. The knowledge obtained from this set of experiments will be used in the final exper-
imental campaign which aims to establish the performance of the RESTM12 scramjet engine
at its design condition. These results and details of the experimental apparatus are given in
Chapter 6.
Both sets of experiments were performed in the T4 Stalker Tube at The University of Queens-
land using the same flow conditions. This chapter aims to provide the reader with details of the
T4 Stalker Tube and its operation along with the results of a preliminary pitot survey. The pitot
survey experiments were designed to characterise the flow exiting the facilities Mach 10 con-
toured nozzle which is used in both sets of experiments. This includes the freestream properties,
estimation of the steady test time and the dimensions of the core flow provided by the nozzle.
Details on the instrumentation are also included in this chapter.
4.1 T4 Stalker Tube Facility
Ground testing provides a relatively inexpensive and reliable way to test scramjet en-
gines at high Mach number conditions. There are many ways to generate a source of
air at a sufficiently high temperature and pressure to act as the working fluid in a hy-
personic wind tunnel. These include, but are not limited to, hotshot tunnels, plasma
jets, shock tubes, shock tunnels, Stalker tubes and expansion tubes.
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Figure 4.1: T4 Free-Piston Reflected Shock Tunnel (Doherty, 2013)
The T4 Stalker Tube is an impulse facility located at The University of Queens-
land; it is designed to simulate high-speed flows with varying Mach number. The free
piston driver mechanism, developed by Professor Ray Stalker in the 1960’s at the Aus-
tralian National University, provides the means to compress and raise the temperature
of the tube’s driver gas to the conditions required for hypersonic scramjet experiments
(Stalker, 1965).
T4 consists of a 26 m long 229 mm internal diameter driver, a 10 m long 75 mm in-
ternal diameter shock tube and an annular reservoir. An un-scored brightform steel di-
aphragm separates the driver from the shocktube and a secondary 0.1 mm thick Mylar
diaphragm separates the end of the shocktube from the nozzle and test section. Typical
operation of the T4 Stalker Tube results in nozzle supply enthalpies ranging from 3 -
12 MJ/kg and stagnation pressures up to 90 MPa can be achieved in the shocktube.
The operation of T4 begins when the 92 kg steel piston is launched down the com-
pression tube propelled by a reservoir of high pressure air. As the piston moves down
the compression tube it adiabatically compresses the driver gas (helium, argon or a
mixture of the two) as shown in Figure 4.2. As the piston approaches the end of the
compression tube, sufficient pressure is created to burst through the high pressure mild
steel diaphragm. At the point of rupture, a shockwave is generated due to the large
pressure differential. This shock wave continues through the shock tube which con-
tains the test gas (air or nitrogen).
This shockwave is followed by the contact surface that separates the test gas from
the driver gas and an unsteady expansion (as shown in the x-t diagram from Fig-
ure 4.2). As the shockwave passes through the test gas it increases both its pressure and
temperature before reaching the end of the tube and reflecting backwards, stagnating
the gas. As the shockwave reflects, it ruptures the secondary Mylar diaphragm allow-
ing the shock heated test gas to begin expanding through the nozzle. After a period
of unsteady expansion the steady test gas flow is established signifying the beginning
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of the test time. The end of the test time occurs when either the unsteady expansion
reduces the usable mass flow through the nozzle or the test gas becomes contaminated
by the driver gas. For a more in-depth explanation of the tunnel’s operation refer to
Stalker et al. (2005).
Figure 4.2: T4 Stalker Tube Operation (Turner, 2010)
4.2 Flow Conditions
The RESTM12 engine was designed to operate on a constant dynamic pressure ascent
trajectory with q ∼ 50 kPa. The engines design point is flight at Mach 12 which is also
the condition of interest for this investigation. Due to total pressure limitations (see
Section 2.1.4) of the T4 Stalker Tube, the tests were performed in semi-free-jet mode
where the facility provides the post 6° forebody shock conditions. Even in this config-
uration the target dynamic pressure could not be reached, despite this, T4 did have the
ability to match the stagnation enthalpy (H0) associated with flight at Mach 12.
To achieve the required conditions for this set of experiments, T4’s Mach 10 con-
toured nozzle was used in conjunction with the high pressure Mach 12 enthalpy fill
conditions. Between campaigns it was discovered that the slots between the reservoir
and compression tube were misaligned, this led to less energy being transferred to the
piston in campaign 1 and it became necessary to overdrive the piston to obtain the
target conditions. This problem was rectified prior to campaign 2 and the standard
condition was once again used. Table 4.1 details the different fill conditions used for
each campaign.
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Table 4.1: High Pressure Mach 12 Enthalpy Fill Conditions
Campaign Reservoir Compression Tube Diaphragm Shock Tube
pfill pfill Argon Thickness Test pfill Tfill
MPa kPa frac. mm Gas kPa K
1 12.5 156 35 6 Air 150 300
2 12.0 156 35 6 Air 160 300
Prior to the beginning of campaign 1 a pitot survey was completed in order to char-
acterise the flow exiting the Mach 10 nozzle. Details of these tests can be found in
Doherty and Wise (2013). The pitot survey was important for determining the nomi-
nal freestream conditions, available test time and also the size of the core flow which
imposes size limitations on the experimental models. This was done using a pitot
rake configuration (see Figure 4.3) consisting of 33 PCB® 112A22 piezoelectric pres-
sure transducers with pressure ranges from 50 - 100 psi. Each pitot probe transducer
was calibrated in-situ using a reference Kulite® (for more details see Appendix A of
Kirchhartz (2009)).
Figure 4.3: Pitot Rake Setup in T4 Stalker Tube Test Section with Mach 10 Nozzle
A total of 6 shots were performed at the high pressure Mach 12 enthalpy condition
(for a detailed shot summary see Table A.1 in Appendix A). The pitot rake was placed
such that during the test time it was located 155 mm downstream of the nozzle exit
plane. This position was limited by the recoil and overrun of the tunnel. Figure 4.3
shows the pitot rake and nozzle in their positions during the test time.
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The pitot pressure during the test time was calculated for each probe and averaged
together with probes in the same radial location. The pitot to stagnation pressure ratio
was chosen as the parameter to determine the core flow size of the nozzle as is should
not be affected by shot to shot variation. Figure 4.4 shows the averaged results for all
of the shots.
As a comparison to the experimental pitot pressure measurements, a simulation of
the Mach 10 nozzle was carried out using The Centre for Hypersonics in-house code,
NENZFr (Doherty et al., 2012b). NENZFr couples the calculation of the nozzle-supply
conditions using ESTCj (Jacobs et al., 2011) with a 2D axi-symmetric space marching
RANS simulation using Eilmer (Gollan and Jacobs, 2013). It uses the nozzle supply
conditions and nozzle geometry and completes an axisymmetric expansion assuming
either frozen, equilibrium or non-equilibrium gas. Figure 4.4 shows that the NENZFr
simulation is in good agreement with the pitot survey data within the experimental
uncertainty. NENZFr was therefore used to calculate the freestream conditions for
both campaigns using the nominal conditions. Table 4.2 shows the nominal nozzle-
exit conditions for each campaign.
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Table 4.2: Freestream Conditions and Uncertainties Calculated using NENZFr
Condition Campaign 1 Campaign 2 Uncertainty
T, K 333.2 384.6 ±10.0%
P, Pa 855.3 1052.7 ±6.27%
ρ, kg/m3 0.0089 0.0095 ±7.91%
U, m/s 3516 3662 ±3.46%
M 9.61 9.32 ±1.60%
ReU, 1/m 1.570 x 106 1.567 x 106 ±11.2%
H0, MJ/kg 6.54 7.12 ±7.52%
4.2.1 Forebody and Equivalent Flight Conditions
The condition utilized in this campaign attempts to replicate the post 6° forebody shock
conditions for Mach 12 flight in the upper atmosphere. The freestream Mach number
exiting the nozzle was higher than that of which would be created by a 6° oblique
shock at Mach 12. Therefore, to match the required Mach number the plate/forebody
was placed at an angle of attack of 1.6°. This had the added advantage of increasing
the unit Reynolds number on the plate/forebody making it more likely to transition.
Nozzle Exit 
Conditions
Oblique 
Shock
1.6° 
 Forebody/Plate 
Conditions
Figure 4.5: Schematic Showing Nozzle Exit Conditions and Forebody/Plate Location with Re-
sulting Forebody/Plate Conditions
In order to calculate the conditions on the plate/forebody a simple oblique shock
calculation was done using the nozzle exit conditions and a 1.6° shock angle. The
resulting conditions are listed in Table 4.3 and Table 4.4. To determine the equivalent
flight conditions, the conditions on the plate/forebody were then processed backwards
through a 6° oblique shock. The results of this are also shown in Table 4.3 and Table 4.4.
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Table 4.3: Summary of Conditions for Campaign 1
Condition Nozzle Exit Plate/Forebody Flight
T, K 333.2 370.6 217.8
P, Pa 855.3 1234.5 269.4
ρ, kg/m3 0.0089 0.0116 0.0043
U, m/s 3516 3506 3550
M 9.61 9.085 12.0
ReU, 1/m 1.57 x 106 1.85 x 106 1.07 x 106
q, kPa 55.0 71.3 27.1
Table 4.4: Summary of Conditions for Campaign 2
Condition Nozzle Exit Plate/Forebody Flight
T, K 384.6 426.3 258.2
P, Pa 1052.7 1503.0 350.3
ρ, kg/m3 0.0095 0.01225 0.0047
U, m/s 3662 3650 3698
M 9.32 8.82 11.5
ReU, 1/m 1.57 x 106 1.88 x 106 1.07 x 106
q, kPa 63.8 81.6 32.2
It can be seen that the conditions vary between campaigns although Reu remains
relatively constant. This is important as transition location is dependent on Reu. Cam-
paign 1 was used to design a trip configuration for the engine test in campaign 2 so Reu
must remain constant for the trip configuration to be confidently transferred between
campaigns. The condition of most interest is for the engine tests. Table 4.4 shows that
the condition corresponds to a flight dynamic pressure of 32.2 kPa. Unfortunately due
to total pressure limitations of the facility, the target dynamic pressure of∼50 kPa could
not be achieved. Using static pressure, the condition relates to flight at approximately
38.3 km. The dynamic pressure of 32.2 kPa, although relatively low, still lies within
the dynamic pressure corridor suggested for scramjet flight through the atmosphere
suggested by Heiser and Pratt (1994) shown in Figure 4.6.
Table 4.4 shows that the corresponding flight condition Mach number is 11.5. This
is lower than the design Mach number for the RESTM12 engine. Of more interest is the
flight Mach number based on the stagnation enthalpy of the flow. Stagnation enthalpy
can be expressed as:
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Figure 4.6: Constant Dynamic Pressure Flight Trajectories Including Current Experimental
Condition (Adapted from Heiser and Pratt (1994)).
H0 =
1
2
V2 + CpT (4.1)
and by substituting V = M
√
γRT into Equation (4.1) and rearranging:
M f light =
√
2(H0 + CpT)
γRT
(4.2)
Using the nominal stagnation enthalpy from Table 4.2, the pressure and temper-
ature associated with 38.3 km altitude and Equation (4.2) the equivalent flight Mach
number can be calculated. Using these values the equivalent flight Mach number based
on enthalpy is M f light ≈ 11.8. This was deemed close enough to be representative of
the design Mach number for the RESM12 scramjet engine.
4.2.2 Test Time Determination
The test time for high enthalpy Stalker tubes such as T4 are generally limited by the
contamination of the test gas by the driver gas as discussed in Boyce et al. (2005). This
is due to the bifurcation of the reflected shock which is associated with the separation
of the shock tube wall boundary layer that develops behind the primary shock. This
causes jetting of driver gas from within the boundary layer to contaminate the test
gas. Experiments in T4 show that the arrival of driver gas contamination time can be
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expressed as a function of nozzle-supply enthalpy. Using the correlation derived in
Boyce et al. (2005) (shown in Equation (4.3)) and the nominal stagnation enthalpy for
the current experiments, it was determined that the 10% driver gas contamination time
is approximately 2.2 ms after the rupture of the secondary diaphragm.
t = 62.129 h−1.71830 ± 38% (4.3)
This driver gas contamination time is relatively early compared with other experi-
ments in T4 due to the high enthalpy. The early contamination time posed a problem
when it came to selecting a suitable test time. It was assumed that for both campaigns
the nozzle startup time was ∼1 ms from secondary diaphragm rupture, this was the
time taken for the pitot pressure trace to reach a steady value. To calculate the model
startup time, the rule of thumb of three flow lengths along the model was used (Jacobs
et al., 1992), assuming nominal flow conditions, the model startup time was approxi-
mately 0.85 ms and 1.2 ms for the flat plate and engine models respectively.
For the flat plate campaign this meant that the test time would begin at 1.85 ms and
end at 2.85 ms assuming a 1 ms window. It can be seen that approximately half of this
test time lies within the 10% driver gas contamination. Analysis of the results showed
that the arrival of the driver gas had little impact on the heat transfer rates so this was
chosen as the nominal test time.
For the second campaign the test time selection location had to be shifted due to
the starting process in the RESTM12 inlet. Shown in Figure 4.7, the pressure in the
inlet takes significantly longer than three flow lengths to start. This is due to the pres-
ence of fuel in the inlet, the fuel must be swept through the engine before the inlet
becomes completely started and the transient pressure traces level out. The test time
was selected when the pressure taps at the end of the inlet reach a steady value.
Figure 4.7 shows an example for shot with fuel injection, it can be seen that it is not
until∼2.9 ms after secondary diaphragm rupture that the pressure in the inlet becomes
steady, this is already into the driver gas contamination zone. In order not to extend
into this zone too far, a shorter test time was selected (0.5 ms). This is a limitation
of the facility at high enthalpy conditions. Despite the presence of inert driver gas,
combustor pressure measurements show steady pressure traces at levels higher than
fuel-off indicating combustion. It was therefore deemed that the test time selected
was suitable although the presence of inert driver gas will limit combustion leading to
conservative estimates of combustion efficiency.
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Figure 4.7: Transient Nozzle-Supply Pressure with Nozzle Startup, Model Startup, Test Time
and Driver Gas Contamination Estimates. Also shown are Normalised Pressure Distributions
from Various Pressure Taps in the RESTM12 Inlet for an Inlet Fuelled Case.
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4.3 Instrumentation
4.3.1 Thin Film Heat Transfer Gauges
A substantial effort has been directed towards the development of instrumentation
suitable for the millisecond test times found in impulse facilities such as T4 (Stalker
et al., 2005). A part of this effort has been to develop heat transfer gauges capable
of providing detailed heat transfer histories within these short test times. To do this
a gauge with a fast response time (∼1 µs) is required. These response times can be
achieved with thin-film heat transfer gauges (Hayne, 2003).
They work by placing a thin metallic film within the flow which acts as a resistance
thermometer; this makes it possible to determine the temperature history and therefore
the heat transfer rate. The film is assumed to be adequately thin so that its heat capac-
ity is negligible and the substrate is sufficiently thick as to behave as a semi-infinite
medium (Miller, 1981). A more comprehensive description of the theory behind their
operation is covered in Schultz and Jones (1973).
Nickel Strip
Silicone Dioxide 
Coating
Quartz 
Substrate
Hand-Painted 
Gold Tabs
Soldered 
Leads
Figure 4.8: Complete Thin-Film Heat Transfer Gauge
The TFHTG’s used in the experiments were manufactured in the Centre for Hy-
personics’ instrumentation laboratory (details in Dann (2013)) and an example of a
completed gauge is shown in Figure 4.8. The 20 nm Nickel strip was sputtered using a
BOC Edwards Auto 500 sputtering machine onto an optically smooth quartz substrate.
This resulted in gauge resistances of approximately 20− 100Ω. Nickel was used due
to its high temperature coefficient at the likely operating conditions and Quartz due to
its well documented properties and relatively small variation of these properties with
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temperature (Schultz and Jones, 1973). A layer of SiO2 was also deposited over the
surface of the gauge to eliminate the possibility of an electrical short in an ionized flow
and also to increase its durability (Miller, 1981).
Testing showed that the response time was found to be approximately 1 − 2µs,
section B.1.1 shows a typical response trace of a TFHTG. This allowed an accurate
history of the heat flux to be calculated within the∼1 ms of test time. Schultz and Jones
(1973) details the methodology to numerically integrate the temperature to determine
the heat flux to the wall during the test time. Equation (4.4) uses the properties of
the substrate (ρckT), sensitivity of the individual gauge and the voltage trace recorded
during the test to calculate a time history of the heat flux to the wall. Section B.1 details
the calibration process used to sensitivity of each gauge.
q˙n =
√
ρckT√
piαRV0
n
∑
i=1
V(t0)−V(ti−1)
(tn − ti)1/2 + (tn − ti−1)1/2
(4.4)
4.3.2 Pressure Transducers
Both experimental models use Kulite® XTEL-190M series pressure transducers to mon-
itor pressure distributions. Kulite® transducers use a piezoresistive silicon sensor to
measure absolute pressure, their fast response and ruggedness make them ideal for
use in impulse facilities. Details of the mounting can be found in Section B.2.1.
In order to monitor the flow conditions a single pitot pressure probe was used, this
was mounted above the test surface within the test core. The pitot probe uses a 50
psi PCB® Model 112A22 piezoelectric pressure transducer that measures differential
pressure. The robustness of the sensor allows it to be used directly in the flow to calcu-
late the pitot pressure. The calibration method used to calibrate each type of pressure
transducer along with the mounting details can be found in Appendix A of Kirchhartz
(2009).
Chapter 5
Hypervelocity Boundary Layer Transition
Experiments
Figure 5.1: Flat Plate Model in Hypervelocity Flow from Mach 10 Nozzle
The aim of this set of experiments was to gain a greater understanding of the transition process
at the RESTM12 scramjet engine’s design condition of flight at Mach 12. The main goal was
to develop a trip configuration capable of providing a turbulent boundary layer to the subse-
quent engine test reducing the chance of separation, making it possible to establish the engine’s
performance.
This goal was achieved by performing a series of experiments on an instrumented flat plate
model (Section 5.1 for details) designed to represent the forebody of the RESTM12 engine. The
experiments were undertaken in the T4 Stalker Tube located at The University of Queensland
(Section 4.1 for details). The flow conditions provided by T4 are designed to replicate the post
6° forebody shock conditions for flight at Mach 12. Thin-film heat transfer gauges to were used
to determine the state of the boundary layer. Several combinations of trip geometry, size and
location were then used in attempt to trip the boundary layer (Section 5.2 for details).
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5.1 Experimental Apparatus
The model used in these experiments is an instrumented flat plate designed to repre-
sent the forebody of a scramjet powered vehicle. Made from mild steel, the test surface
of the plate was surface ground to∼0.5 µm. The length of the model was 1000 mm, this
was set to ensure the entire centreline of the plate sat within the core flow determined
from the pitot survey detailed in Section 4.2. Two removable trip inserts were made
available at 235 mm and 500 mm from the leading edge to allow the testing of various
trip geometries and locations (shown in Figure 5.2).
The growth of the boundary layer along the centreline of the model was recorded
using 66 streamwise thin-film heat transfer gauges (TFHTG) (details of the construc-
tion and operation of the TFHTG’s can be found in Section 4.3.1). The first gauge was
located 112.5 mm from the leading edge and from there they were equally spaced at
20 mm until the second trip location. Following this, they were spaced 10 mm apart.
The increased resolution towards the rear of the plate allowed the transition location to
be located more precisely. The TFHTG’s were mounted in 7 individual Macor inserts
seen in Figure 5.3, Macor was chosen as it electrically isolating and readily machined.
Inserts were used to aid the process of replacing TFHTGs mid-campaign.
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Figure 5.2: Flat Plate Model Schematic
It has been shown that small leading edge bluntness delays transition (Boerrigter
et al., 1993; Johnson et al., 2008; Mee, 2001). For this reason the leading edge was made
sharp to promote transition. A pitot probe was also mounted above the plate within
the core flow to monitor the flow conditions (see Figure 5.4).
One concern with the experimental setup was that due to the model’s size relative
to the test section, flow interactions between the model and the test section walls could
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Figure 5.3: Thin-Film Heat Transfer Gauges in Macor Insert
lead to the disruption of the boundary layer along the centreline. These interactions
were investigated by performing a three dimensional CFD simulation of the nozzle,
test section and model. This was performed using the NASA developed code VUL-
CAN (White and Morrison, 1999) and the results are included in Appendix E.
The results concluded that the shielding required modification to ensure that the
boundary layer along the centreline of the test surface would remain undisturbed. To
confirm that this did not occur during the experiments a series of 11 Kulite® pres-
sure transducers were placed 25 mm off-centreline to monitor any shock or expansion
waves that could affect the growth of the boundary layer.
Figure 5.4: Flat Plate Model in the T4 Test Section
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5.2 Boundary Layer Trip Design
5.2.1 Trip Sizing
It is clear from Section 3.4 that caution should be applied when designing boundary
layer trips from correlations, for this reason they were simply used as a starting point.
Sizing the trips required knowledge of the laminar boundary layer properties along
the plate. For this, the Cebeci Boundary Layer Code (Cebeci and Bradshaw, 1984) was
used which solves the coupled boundary layer equations. The code was run using the
plate/forebody conditions from Table 4.3 with the results shown in Figure 5.5.
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Figure 5.5: Laminar Boundary Layer Thickness for Nominal Conditions
As shown in Figure 5.2 the two locations made available for trips were at 235 mm
and 500 mm from the leading edge. The two correlations used to size the trips were the
Shuttle and Van Driest - Blumer correlations (Section 3.4.6 for details). Table 5.1 shows
the required trip heights for each trip location from these correlations. This shows that
large trips will be required.
Table 5.1: Laminar Boundary Layer Properties
Trip Location δ θ ke f f 1 ke f f 2
1 4.05 mm 0.189 mm 6.32 mm 10.5 mm
2 5.90 mm 0.276 mm 6.30 mm 12.7 mm
1Calculated from Shuttle Criteria
2Calculated from Van Driest - Blumer Criteria
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5.2.2 Trip Geometry
Although stated in Section 3.4.5 that the effect of trip geometry is secondary to rough-
ness height, at this condition tripping the boundary layer would be extremely difficult
so any possible advantage from trip geometry will be investigated. A total of three trip
geometries were tested during the campaign beginning with the less scientific ’saw
tooth’ geometry. Previous experiments in T4 have had success with this geometry
which is simply the blade of a saw with the teeth bent up. Two heights were tested,
2.2 mm and 6 mm with the latter shown in Figure 5.9.
The second was a trip concept which has been extensively tested during the NASP,
Hyflite, HySTP and more recently the Hyper-X program, the diamond trip configu-
ration (shown in Figure 5.6). During these programs this configuration was found to
be a ”highly efficient vortex generator and trip” and for this reason it was chosen as
the baseline trip for this set of experiments (Berry et al., 2001a). A drawback of this
type of trip is that a stagnation region is formed at the leading edge of the trips mak-
ing it unsuitable for long duration testing and flight. Since the objective of this set of
experiments is to find a configuration capable of tripping the boundary layer for the
sole purpose of future ground testing, aerothermodynamic effects such as this were
not considered an issue due to the short test times.
Finally, the results of the Hyper-X boundary layer trip development tests show that
a swept ramp trip (shown in Figure 5.6) performed almost as well as the diamond trip
configuration without the implications caused by the stagnation region. For this reason
they were selected for the X-43a flight tests (Berry et al., 2001a). This trip configuration
was also tested although due to the machining complexity only a single height was
used as a comparison to the diamond configuration.
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Figure 5.6: Baseline Diamond Configuration (Left) and Swept Ramp Configuration (Right)
(Redrawn from Berry et al. (2001a))
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5.3 Results
5.3.1 No Trip Baseline
A total of 33 shots were completed in the T4 Stalker Tube with various trip configu-
rations at the Mach 12 flight condition. The aim of the initial shots was to confirm
that there were no external influences on the model from the nozzle, shielding or test
section walls disrupting the boundary layer along the centreline. Pressure measure-
ments show a uniform distribution along the centreline of the plate with values closely
matching, within uncertainty, the level predicted from the nozzle simulations and pitot
survey.
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Figure 5.7: Pressure Distribution - No Trip
Using the freestream conditions for each shot, the laminar and turbulent Stanton
number distributions were calculated using the Cebeci boundary layer code (Cebeci
and Bradshaw, 1984). These were plotted along with the experimental Stanton num-
ber (Equation (3.4)) calculated using the measured heat flux and free stream conditions.
Also shown on the plots is the calculated uncertainty of±12.8%; for an in depth discus-
sion and derivation of the uncertainty in Stanton number values refer to Section C.2.
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Figure 5.8: Stanton Number Distribution - No Trip
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Figure 5.8 shows centreline data with no trip. Also shown are the calculated Stanton
number distributions for a laminar and turbulent boundary layer. It can be seen that
the experimental data fits the laminar distribution very well and most data points lie
within the expected uncertainty. More importantly this shows that without boundary
layer trips the boundary layer remains laminar for the entire length of the plate. This
result was repeatable and confirms that a laminar boundary layer separation is a likely
cause of the failure of the previous Mach 12 engine tests.
5.3.2 Saw Tooth Configuration
The first trip tested was the ’saw tooth’ configuration. Two heights were tested at
the first trip location, the first 2.2 mm (k/δ = 0.54) and the second 6 mm (k/δ = 1.48).
The smaller trip made little difference to the heat transfer distribution with the result
looking similar to Figure 5.8.
Figure 5.9: Installed 6mm Saw Tooth Trip
The results for the larger 6 mm trip (k/δ = 1.48) are shown in Figure 5.10. It can be
seen that the trip provides some initial disruption to the flow followed by a raise in
the Stanton number although not quite reaching the turbulent level. This rise can be
attributed to large scale vortices forming behind the trip and raising the heat transfer
levels, not necessarily creating a turbulent boundary layer.
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Figure 5.10: Stanton Number Distribution - 6mm Saw Tooth
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5.3.3 Diamond Trip Configuration
The second trip tested was the diamond configuration, Figure 5.11 shows an example
of the diamond configuration installed on the flat plate model. A series of different
height trips were used in an attempt investigate the effect of trip size on transition
length. Using the results from Section 5.2.1 as a starting point, the following trip
heights were tested. The first trip height chosen was 3 mm (k/δ = 0.74) followed by
5 mm (k/δ = 1.23) and lastly 7 mm (k/δ = 1.73).
Figure 5.11: Installed 5mm Diamond Trip
Shown in Figure 5.12 are the results from the different size diamond boundary layer
trips along with the theoretical Stanton number distributions for the nominal condi-
tion. It can be seen that the 3 mm (k/δ = 0.74) trip has very little influence on the state
of the boundary layer before the end of the plate.
0.0
0.2
0.4
0.6
0.8
1.0
1.2
1.4
 0  100  200  300  400  500  600  700  800  900  1000
S
ta
n
to
n
 N
u
m
b
er
, 
1
0
-3
Distance from Leading Edge, (mm)
Trip Location
Laminar
Turbulent
k/δ = 0.74
k/δ = 1.23
k/δ = 1.73
Figure 5.12: Stanton Number Distribution - Diamond Trip Configuration
It was not until the trip size was increased to 5 mm (k/δ = 1.23) that any change in
state of the boundary layer was observed. A rise in the heat flux can be seen directly
behind the 5 mm trip although it quickly relaminarises. It is not until approximately
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x ≈ 650 mm that the heat flux begins to rise again indicating that the transition process
is beginning. Over the next 400 mm the heat flux levels quickly rise to the levels associ-
ated with turbulent flow. This result indicates that for this condition, the ’critical’ trip
height is in the range of 0.74 < k/δ < 1.23.
To determine whether the transition location could be pushed further forward the
trip size was increased to 7 mm (k/δ = 1.73). As with the 5 mm trip, a region of high
heat flux was created directly behind the trip indicating that the trips are creating some
large scale vortices. Once again the heat flux level quickly moves back to the laminar
level before starting to rise at x ≈ 500 mm and becoming fully turbulent by the end of
the plate.
From these results it was deemed possible to trip the boundary layer at the RESTM-
12’s design condition within a distance representative of the vehicles forebody. It also
confirms that the size of the boundary layer trip has a large influence on the trips ef-
fectiveness. The delay of transition behind the trips was expected and is in accordance
with Figure 3.7 in Section 3.4.4. It is possible that the 7 mm (k/δ = 1.73) trip is in fact
’effective’ and a further increases in trip height would not change the transition loca-
tion.
The final test with the diamond trip configuration was to investigate the effect of
trip location. All of the previous tests were performed at the first trip location (x =
235 mm), the 5 mm diamond trip was moved to the second trip location (x = 500 mm)
to investigate this effect.
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Figure 5.13: Effect of Trip Location
Figure 5.13 shows the results for both trip locations. It can be seen that even though
the relative size (k/δ ) of the trip is reduced at the second trip location (due to an increase
in boundary layer thickness), it causes transition to occur at almost exactly the same
location. This shows that the effect of trip placement is relatively unimportant.
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5.3.4 Swept Ramp Trip Configuration
The final trip configuration investigated was the swept ramp shown in Figure 5.14,
this trip was based on the trip used in the X-43A flight tests (see Section 2.2.1 for more
information). Due to manufacturing complexity only one trip height was able to be
tested. To compare the effect of trip geometry alone, a trip height of 5 mm (k/δ = 1.23)
was chosen and compared directly to the diamond configuration with the same height.
Figure 5.14: Installed 5mm Swept Ramp Trip
The Stanton number distribution from the 5 mm swept ramp trip is shown along
with the diamond configuration of the same size in Figure 5.15. The trip induces some
large scale vortices associated with the rise in heat flux following the trip but as with
the diamond configuration, it was not effective. At approximately 850 mm the Stanton
number begins to rise again hinting at transition although the plate is not long enough
to see the turbulent boundary layer develop. Comparing this result with the 5 mm
diamond trip it can be seen that it is not as efficient at tripping the boundary layer
which is an agreement with the results of NASA’s boundary layer trip investigation.
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Figure 5.15: Stanton Number Distribution - Swept Ramp Configuration
Schlieren images were taken using the high speed camera and are shown in Fig-
ure 5.16. It can be seen that the shock structure for each trip configuration is vastly
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different. The diamond configuration creates strong shock waves from the tip of the
trip and also from the leading edge of a separation that forms ahead of the trip. This
is contrasted to the relatively weak shock waves formed around the swept ramp. The
strength of these shock structures seems have an influence on the effectiveness of the
trip although it is not known what effect these strong shocks will have on the operation
of an inlet following them.
Figure 5.16: Schlieren of Diamond Trip (Left) and Swept Ramp Trip (Right) with Flow from
Left to Right
5.4 Conclusion
Heat transfer data on a flat plate within the T4 Stalker Tube has shown that it is pos-
sible to trip a hypervelocity boundary layer with Me = 9.085. Although it is not clear
that an effective trip was found, it was clear that increasing the trip height shifted the
transition point forward towards the leading edge. Although more suited to flight, the
5 mm swept ramp trip was found to be less efficient than the same size diamond trip
configuration. It can be seen from the schlieren images that the diamond trips create a
larger disruption to the flow with strong shocks creating vortices that lead to transition
after a period of relaminarisation. The Reynolds number based on the transition delay
length was in accordance with the literature shown in Fig. 3.7.
The 5 mm (k/δ = 1.23) diamond trip was the smallest that caused transition to oc-
cur on the plate followed by the 7 mm (k/δ = 1.73) trip which significantly shifts the
transition point forward. These results indicate that ( k/δ )cr ∼ 1 and ( k/δ )e f f ∼ 2, which
agrees with Morrisette et al. (1969) which states that for hypersonic edge Mach num-
bers, ( k/δ )e f f > 2 is required for an effective trip.
The results of this investigation meet the aim set out in Section 1.2, to gain a greater
understanding of the boundary layer transition process at hypervelocity conditions.
This provides the basis for the subsequent experiment which attempts to achieve the
remainder of the aims set out for this thesis.
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Chapter 6
RESTM12 Scramjet Engine Experiments
Figure 6.1: RESTM12 Half Scale Model with Instrumentation
This chapter details the experiments performed using a half scale model of the RESTM12 scram-
jet engine in the T4 Stalker Tube at a Mach 12 flight condition. This experimental campaign
was ultimately aimed at meeting the primary objective of this thesis by demonstrating that
robust supersonic combustion can be generated in a three-dimensional scramjet flowpath at a
Mach 12 flight condition.
The chapter begins by summarising the design methodology used by Smart (1999) to design
three dimensional REST inlets such as the one used in this experiment. This is followed by Sec-
tion 6.2 which details the experimental apparatus used to complete the experiments including
the engine model, instrumentation location and fuel delivery system and calibration.
Section 6.3 describes the results of the initial fuel-off experiments which are used to establish
the operability of the engines inlet and repeatability of the experiments. The results of the fuel
injection experiments are detailed in Section 6.4 followed by analysis aimed at establishing the
combustion efficiency of the engine. Finally, Section 6.6 presents the combustor heat flux results
and applies some simple analysis to investigate the use of the fuel as a heat sink.
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6.1 Inlet Design Methodology
In the 1960’s several three dimensionally curved inlets with elliptical throats were suc-
cessfully designed and tested. These inlets showed good performance and favourable
self-starting characteristics in wind tunnel experiments, however, due to the limita-
tions of computational tools at the time, their performance was difficult to predict.
Following on from these early investigations, Smart (1999) devised a methodology for
the design of three dimensional hypersonic inlets using more advanced techniques in-
cluding 3D computational fluid dynamics.
The methodology places several constraints on the geometry of the inlet to ensure
their suitability for modular scramjet applications such as access-to-space, some of
these include:
• Rectangular capture: ”The capture shape for the inlet of each scramjet is required
to form three sides of a rectangle so that the modules may be mounted side-by-
side (Smart, 1999).”
• Elliptical throat: This allows the inlet to be used in combination with an elliptical
combustor, which is superior to a rectangular cross-section in terms of structural
weight and reduced wetted area. Also, an elliptical combustor minimises the
fluid dynamic problems associated with hypersonic corner flows.
• Fixed geometry: This reduces the structural complexity of the scramjet and re-
duces the number of control systems required for successful flight.
• Good starting characteristics at low Mach number: Access-to-space applications
require a multi-staged vehicle, the inlet of the scramjet stage must be able to reli-
ably start at the relatively low ramjet/turbojet takeover Mach numbers.
• Efficient operation at high Mach number: At the highest Mach number of the
scramjet stage, the drag on the engine will be at its maximum; therefore the inlet
must be designed to operate most efficiently at high Mach numbers (Smart, 1999).
The design of a REST inlet begins by establishing an axisymmetric compression
flowfield at the operating condition (see Figure 6.2). Streamline-tracing techniques
are used to trace streamlines intersecting the edges of the capture shape and elliptical
throat. The streamlines are then merged using a lofting procedure to form the inviscid
inlet shape. Following this the inlet shape is corrected for boundary layer growth by
adjusting the wall shape for the displacement thickness (Smart, 1999; Turner, 2010).
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This design process results in an inlet with highly swept leading edges, a cut back
cowl and the desired transition to an elliptical throat. These inlets have been shown
to have almost 100% mass capture at the design Mach number and operate below the
design Mach number by spilling air past the cut back cowl. Also, the moderate internal
contraction ratio allows the inlets to be self-starting (Smart, 2007). This methodology
was used to design the RESTM12 engine model currently under investigation in the T4
Stalker Tube at The University of Queensland, shown in Figure 2.14.
Figure 6.2: Schematic of a Stream-Traced Inlet Based on an Axisymmetric Compression Field
(Smart, 1999)
6.2 Experimental Apparatus
The RESTM12 scramjet engine was designed using the methodology described in Smart
(1999) and outlined in Section 6.1. To date, it has currently undergone three experimen-
tal campaigns in the T4 Stalker Tube, each described in Section 2.2.3. As described in
Figure 2.16, it was hypothesised that at the design condition the inlet did not operate as
intended due to the ingestion of a laminar boundary layer. The aim of this experiment
was to, using the knowledge of the boundary layer transition process acquired from
the preceding experiment, successfully test the RESTM12 scramjet engine at its Mach
12 design point and subsequently establish its performance.
6.2.1 Experimental Model Design
Due to total pressure limitations of the T4 Stalker Tube the experiments took place
using the semi-free-jet principle as described in Section 4.2.1. The primary constraint
placed on the scale of the new engine model was the ability to fit within the core flow
of the Mach 10 nozzle with a forebody long enough to ensure a turbulent boundary
layer entering the engines inlet. The results of the transition experiments show that
a significant streamwise distance was required to create a turbulent boundary layer.
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Figure 5.12 shows that even using the largest trip it was not until x ≈ 750 mm that
the heat flux levels reached the turbulent level. Given that the inlet compression will
aid in the transition process it was determined that the minimum length of forebody
required would be 500 mm.
Factoring in this relatively large forebody it was decided that the largest engine that
could be tested would be half the design scale (dimensions shown in Figure 6.3). The
total length of the half scale engine plus 500 mm forebody is 1435 mm which according
to Jacobs et al. (1992) would require ∼1.2 ms of steady test time to establish the flow
which is within the capabilities of the facility (see Section 4.2.2). Figure 6.4 shows
contours of the Mach 10 nozzle solution discussed in Section 4.2 to show the useable
core flow, it can be seen that the 500 mm forebody and half scale model cowl closure
point sit within this when the semi-free-jet technique is used.
The 3D inlet, shown in Figure 6.5, was manufactured from aluminium (Al-6061-
T6) in two separate components using a 5-axis CNC milling machine and fastened
together using three bolts and a locating dowel pin. The inlet is 506 mm long with a
75 mm capture width and all leading edge radii equal to 0.7 mm. The total geometric
contraction ratio is 6.61 while the internal contraction ratio is 2.26 followed by a short
isolator.
The elliptical cross-section of the end of the inlet has a major axis of 31.0 mm and
a minor axis of 17.6 mm. The inlet is instrumented with 11 Kulite® XTEL-190M series
pressure transducers and 14 TFHTG’s along the centreline. The TFHTG’s are clustered
towards the beginning of the inlet to monitor the state of the boundary layer as shown
in Figure 6.8.
Figure 6.3: RESTM12 Half Design Scale Schematic Showing Major Dimensions. Note: 500 mm
Forebody Not Shown and All Dimensions in mm.
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Figure 6.5: RESTM12 Half-Scale Model Components
Intake injection is employed at distance 255 mm downstream of the inlet leading
edge via an injector/plenum manifold (Figure 6.6). Three φ = 2 mm portholes inject
hydrogen fuel and an angle 45° to the local flow. The inlet is terminated by a 1.25 mm
rearward facing circumferential step which allows film injection of fuel into the bound-
ary layer. The film injection is facilitated by an annular plenum and injector manifolds
located between the inlet and combustor sections. The injection takes place through 36
x φ = 0.9 mm portholes angled at 10° relative to the isolator. Sonic injection was em-
ployed at both fuelling stations and each plenum contained a 500 psi Kulite® pressure
transducer to establish the fuel flow rate.
Inlet Combustor
Nozzle
Inlet Injection Step Injection
Combustor 
Chamber
Surface
Inlet 
Surface
Annular 
Plenum
36 x     0.9mm
Injectors
φ
Inlet 
Surface 3 x     2mm
Injectors
φ
Plenum
45
10
Figure 6.6: Schematic Showing Details of the RESTM12 Injection Manifolds
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The combustor and nozzle components were each machined from a single piece of
aluminium using a wire EDM for the internal surfaces. The combustor entrance height
immediately downstream of the step was 20.14 mm and angled at 6° to the inlet axis to
realign the local flow with the nominal flight direction. The flowpath within the com-
bustor consisted of a 161 mm long constant area section followed by a 121 mm long di-
verging section. The divergence of ∼1.6° was kept constant around the circumference
with total expansion ratio equal to 2.0 relative to the inlet throat. The combustor was
instrumented with a total of 28 Kulite® pressure transducers and 28 TFHTG’s evenly
distributed between the cowlside and bodyside.
Figure 6.7: RESTM12 Model Mounted in T4 Stalker Tube
The combustor is followed by a generic elliptical thrust nozzle with a length of
125 mm and a total expansion ratio of 5.0 giving the engine a total expansion ratio of
10.0 from the throat. The nozzle is instrumented with a total of 16 Kulite® pressure
transducers mounted along the centreline.
The flat plate used in the experiment from Chapter 5 was modified to act as the
forebody for the engine. A slot was cut out to allow the inlet to be mounted, this
allowed the forebody instrumentation and shielding to be reused. In total the forebody
contains 36 THHTG’s and 2 Kulite® pressure transducers, this allowed the state of the
boundary layer entering the inlet to be monitored. The engine and forebody mounted
in the T4 test section is shown in Figure 6.7.
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Figure 6.8: Schematic of Location of Instrumentation. More Information: Appendix H
6.2.2 Fuel Delivery System
As shown in Figure 6.6, fuel injection was employed at two separate locations, 45° port-
hole injection in the inlet and porthole injection behind a step at the beginning of the
combustor. Each injector manifold used a plenum chamber to stagnate the flow at suf-
ficiently high pressures to choke the flow, this allowed the mass flow rate of fuel to be
calculated. Each plenum was supplied with gaseous hydrogen fuel from a 14.4 m long
Ludwieg tube as shown in Figure 6.9, this length was sufficient to ensure the reflected
expansion wave caused by opening the solenoid valve did not reach the plenum dur-
ing the test time.
A pressure gauge recorded the Ludwieg tube pressure before and after each test
to determine the total fuel released by the system, along with pressure measurements
in each of the plenums it was possible to calculate the flow rate of fuel injected (see
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Section 6.2.3 for more details). A fast acting 1/2" JoucomaticTM ASCO solenoid valve
was used to control the fuel injection, the valve was triggered off the tunnel recoil
resulting in the fuel timing shown in Figure 6.10.
Flow Direction
H2
Test Section
Laboratory
Ludweig Tube
Pressure Gauge
Ludweig Tube
Fill Valve
5/8" Tube
3/8" Tube
1/2" Tube
1/2" Tube
Fast-Acting
Solenoid Valve
Figure 6.9: Schematic of Fuelling System Setup
The fuel system has a relatively long time scale compared to the test flow of the
facility as shown in Figure 6.10. This makes the timing of the fuel very important to
the operation of the engine, particularly the inlet. It can be seen that the test time
was made to occur as the plenum pressure begins to plateau, this is done to ensure a
minimum amount of pre-fuelling takes place whilst the plenum pressure during the
test time remains relatively constant. Significant pre-fuelling could potentially lead to
engine unstart or premature combustion caused by the starting shock of the facility.
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6.2.3 Injector Calibration
In order to quantify the mass flow rate of fuel injected during the test time each injector
manifold was calibrated using the technique found in Pulsonetti (1995). Assuming the
fuel expands isentropically from the Ludwieg tube and sonic injection of fuel through
the injectors the mass flow rate of hydrogen becomes a function of the stagnation pres-
sure in the plenum chamber (Turner, 2010). Equivalent to a discharge coefficient, the
losses are compiled into a calibration constant αj and can be expressed as:
αj =
(
VL
RTL
)
∆pL
pL1
γ−1
2γ p¯
γ+1
2γ
0 ∆t
(6.1)
VL, TL and pL refer to the initial volume, temperature and pressure of the Ludwieg
tube, p0 is the average pressure in the plenum chamber and ∆t is the duration of the
flow. The average plenum pressure can be found by integrating the plenum pressure
trace (Turner, 2010). Once the calibration constant is determined the mass flow rate of
fuel was calculated using the instantaneous plenum pressure during the test time.
m˙ f = αj p
γ−1
2γ
L1
p
γ+1
2γ
0 (6.2)
Several calibrations were performed for each injector manifold with the results
shown in Figure 6.11. It can be seen that the calibration constant αj is relatively in-
sensitive to the Ludwieg tube fill pressure and was therefore assumed to be constant.
For a more detailed description of the calibration process refer to Pulsonetti (1995).
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6.3 Preliminary Results
The on-design RESTM12 engine campaign consisted of a total of 24 shots with the
preliminary experiments aimed at establishing inlet operability, repeatability, fuel-off
pressure distributions and confirming the accuracy of the numerical simulations. Sec-
tion 6.3.1 examines the operability of the inlet by comparing pressure and Stanton
number distributions in the inlet with/without boundary layer trips and with/without
fuel injection. This is followed by Section 6.3.2 which compares the fuel-off pressure
distributions with the numerical simulations and establishes the repeatability of the
results. Section 6.4 looks at the results of fuel injection at different locations including
inlet only, step only and two combined injection schemes at a variety of equivalence
ratios.
Simulations of the RESTM12 scramjet engine at the nominal design condition were
performed by Barth et al. (2012) using NASA’s VULCAN CFD code (White and Mor-
rison, 1999). The simulation assumed fully turbulent flow using the k-ω turbulence
model and isothermal walls with Tw = 300K. Figure 6.12 shows contours of Mach
number, static pressure and temperature along the symmetry plane. Centreline pres-
sure data was extracted from the simulations to establish whether or not the inlet
started properly and is also presented in the subsequent plots in this chapter.
Figure 6.12: Centreline Contours of Mach Number, Static Pressure and Temperature in the
RESTM12 Scramjet Engine without Fuel (Barth et al., 2012)
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6.3.1 Inlet Operability
The first aim of this set of experiments was to establish the operability of the inlet at its
design condition in the T4 Stalker Tube. Previous tests detailed in Section 2.2.3 show
what was postulated to be a large separation formed in the inlet that was postulated
to be caused by the ingestion of a laminar boundary layer. In order to determine the
state of the boundary layer and whether or not the inlet operates as intended both
pressure and heat transfer measurements were used. Heat flux measurements along
the forebody and inlet made it possible to examine the state of the boundary layer
while pressure measurements in the inlet were used to establish the inlets operability.
The first shots in the campaign aimed at determining the state of the boundary layer
entering the inlet. This was established by first running the engine without a trip. It
was established in Chapter 5 that without a trip at this condition the boundary layer
remained laminar for the entire 1000 mm flat plate. Figure 6.13 shows the Stanton
number distribution on the forebody and bodyside of the inlet. It can be seen that
the experimental Stanton number distribution closely follows the laminar level on the
forebody with it rising over the laminar flat plate level in the inlet. The higher Stanton
number in the inlet is expected to be due to the inlet compression so the increased heat
transfer is not interpreted as an indication of transition.
Following this the 5 mm swept ramp trip configuration described in Section 5.3.4
was used in an attempt to trip the boundary layer. This trip was chosen as it is closely
resembles a trip that could be used in flight. The flat plate experiments of the trip
(Figure 5.15) showed that it generates vortical structures behind the trip which quickly
dissipate indicated by the heat transfer levels dropping to the laminar level. It was
postulated that the vortical structures generated by this trip configuration would be
amplified by the compression shocks in the inlet leading to transition.
Figure 6.13 shows the resulting Stanton number distribution with the 5 mm swept
ramp trip installed. The high heat transfer levels behind the trip indicate the generation
of vortices but unlike the flat plate tests the levels do not drop to the laminar level.
Further along the inlet the heat transfer measurements become sparser but the few
measurements suggest that transition has occurred.
The heat transfer distributions suggest that without a trip the boundary layer in
the inlet remains laminar whilst the addition of the 5 mm swept ramp trip to the fore-
body causes transition to occur on the inlet. To determine the operability of the engine
pressure distributions were analysed. Figure 6.14 shows the experimental pressure
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distributions in the inlet with and without a trip and also with and without fuel in
comparison to fully turbulent VULCAN simulations.
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Figure 6.13: Experimental Stanton Number Distribution on the Forebody and Inlet of the
RESTM12 Engine with and without Boundary Layer Trip. Note: 0 - 500 mm is the Forebody,
500 - 900 mm is the Inlet Surface.
The data from the numerical simulation is normalised by the forebody pressure, P1.
The experimental pressures shown are normalised using the following:
P/P1 = (P(t)/Ps(t))× (Ps,nom/P1,nom) (6.3)
In order to account for the transience of the nozzle supply pressure each transient
pressure signal in the engine (P(t)) was normalised with the transient nozzle supply
pressure signal (Ps(t)). To return to a more meaningful number this was then multi-
plied by the ratio between the nominal supply pressure (Ps,nom) and the nominal fore-
body pressure (P1,nom). The mean of this signal during the selected test time was then
used in the subsequent plots.
Figure 6.14 shows that with a trip and no fuel injection the pressure distribution
closely matches the simulation, this suggests that the inlet is completely started. This
is in agreement with the conclusion of the heat transfer measurements suggesting that
the boundary layer is turbulent. Without the trip it can be seen that the pressure begins
to rise earlier. At ∼910 mm the pressure is slightly higher, it is postulated that this is
due to the formation of a small separation due to the boundary layer being laminar.
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This phenomenon becomes more pronounced when fuel injection is introduced, a
comparison between three shots with a similar amount of fuel injection is presented
in Figure 6.14. Two experiments with the 5 mm swept ramp trip fitted are shown, one
into air and the other into nitrogen simulating suppressed combustion. Suppressed
combustion is used to simulate the effect of mass addition from the fuel without com-
bustion effects. These two shots show a significant pressure rise due to the addition
of fuel. The fact that both results are very close proves that combustion is not taking
place and the rise in pressure is solely a result of the addition of fuel.
This is not the case without the trip. The pressure begins to rise significantly earlier
than when the trip is fitted. The pressure continues to rise and in the isolator it begins to
rise even more rapidly. It is postulated that this is caused by a large laminar boundary
layer separation. The addition of the fuel effectively increases the contraction ratio of
the inlet leading to a larger pressure ratio in the inlet. The laminar boundary layer has
an increased susceptibility to separation at the larger pressure ratio (see Figure 2.10)
leading to a large boundary layer separation. This is the most likely cause of the large
pressure rise in the inlet. It is also possible that the separation further increases con-
traction ratio of the inlet leading to higher pressures and temperatures in the isolator
which causes premature ignition of the fuel. Combustion provides an explanation for
the rapid pressure rise in the isolator. These results show the importance of the trip to
the operability of the inlet. It was decided that 5 mm swept ramp trip would be fitted
for the remainder of the experiments.
6.3.2 Fuel-Off Pressure Distributions
Fuel-off tests were completed initially to verify that the engine was indeed performing
as predicted by the numerical simulations. They are also used to establish the repeata-
bility of the tests and provide a baseline for the subsequent fuelled tests. A total of
four fuel-off runs were completed with two of them presented in Figure 6.15. The
plots show the normalised pressure distribution from CFD and experiment for both
the bodyside and the cowlside. Also shown is a schematic of the engine to give scale.
As only a single pressure measurement was made on the forebody the plots begin at
the start of the inlet.
Figure 6.15 shows that experimental pressure distribution agrees well with the
VULCAN simulations particularly on the bodyside. It can be seen that final shock re-
flection on the bodyside before the nozzle appears to occur further upstream than the
simulation predicts but despite this it matches very well. The cowlside shows a similar
trend where the peaks and troughs in pressure occur further upstream experimentally.
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Although only two data sets are shown, all four fuel-off shots were found to be
repeatable giving confidence in the reliable operation of the engine. The good match
indicates that the model is correctly mounted in the facility and that the calculated
inflow conditions are representative of the experiments. Following this successful fuel-
off testing it was decided to begin fuel injection.
6.4 Fuel-On Results
The following section details the results when hydrogen fuel is injected during the
test time. Fuel was injected in four configurations at a range of equivalence ratios
detailed in Table 6.1. Now that it has been established the engine operates reliably and
as predicted by the numerical simulations the primary objective of the fuel-on tests
is to determine whether or not any of the fuel burns. This was done by performing
suppressed combustion experiments for each configuration where hydrogen fuel is
injected into a nitrogen test flow. This makes it possible to account for the pressure rise
caused simply by the addition of mass. Any further pressure rise in a standard air shot
would then be a result of the burning of fuel.
Table 6.1: Summary of Fuelling Configurations
Injection Scheme φ Range Inlet % Step %
Inlet 0.50 - 0.76 100 0
Step 0.72 - 1.16 0 100
Combined 1 0.65 - 1.31 31 69
Combined 2 0.99 - 1.26 50 50
6.4.1 Inlet Injection
The first fuelling configuration tested was inlet only fuel injection. This was due to
the fact that the total amount of fuel able to be injected into the engine is limited by
the inlet. Too much fuel injected into the inlet will lead to engine unstart. The primary
goal of these tests was to establish the limit of equivalence ratio in the inlet that leads to
unstart. Testing began with an arbitrary equivalence ratio of φ = 0.5 and was increased
until unstart. It was established that unstart occurred between φ = 0.6 − 0.76 with
φ = 0.6 starting and φ = 0.76 leading to a full engine unstart (shown in Figure F.1).
Figure 6.17 shows a comparison of hydrogen fuel injected in the inlet into both air
and nitrogen, simulating both a reacting flow and suppressed combustion. Both tests
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were performed at a similar equivalence ratio of φ ∼ 0.6. A pressure rise in the inlet
can be seen directly behind the injection location for both cases, the distribution is very
similar up until the throat implying that all the pressure rise in this area is simply due
to the addition of fuel and no burning has yet taken place.
The distributions begin to differ in the isolator where the pressure in the fuel into air
shot remains higher than the suppressed case. This increase in pressure is likely due to
the ignition of the fuel. At this point the fuel has had a chance to begin mixing with the
surrounding air and with the fuel-off VULCAN simulations (Figure 6.12) predicting
temperatures around 2300 K on the bodyside of the isolator ignition is very possible.
The addition of cold (300 K) fuel will act to cool this region although it will still likely
remain hot enough to ignite the fuel.
It can be seen that for the suppressed combustion case, and to a lesser extent the
fuel into air, that the shock reflections seem to move upstream relative to the fuel-off
distribution. This phenomenon is demonstrated in Figure 6.16 where the addition of
fuel to a mixing layer reduces the local Mach number. This acts to refract the shock
wave and hence move the shock structure upstream.
Figure 6.16: Shock Refraction by Mixing Layer (Turner, 2010)
It becomes clear in the combustor section that combustion is taking place as there is
a definite increase in pressure for the length of the combustor. The structure of the flow,
inferred from the pressure distribution, becomes less shock dominated (as is the case
for fuel-off and suppressed combustion) which is also an indicator that combustion is
taking place. A clear rise in pressure can also be seen in the nozzle which is a positive
sign as this is where the majority of thrust is generated in the engine.
This result is significant, it is showing that at a Mach 12 flight condition it is
possible to generate robust supersonic combustion. It is impossible to discern the
amount of fuel burnt simply from the pressure distribution although an attempt is
made
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made in Section 6.5 using one dimensional cycle analysis. The fact that combustion
occurred for inlet only injection is promising for the combined injection schemes.
Figure 6.18 shows a comparison between two inlet only injection tests with equiv-
alence ratios of φ = 0.5 and φ = 0.6. It can be seen that in the higher equivalence ratio
shot a larger pressure rise in the inlet occurred, apart from this the pressure distribu-
tion throughout the rest of the engine is remarkably similar. It appears that the increase
in fuel led to only a modest increase in pressure rise. It is postulated that these equiv-
alence ratios are at the limit of which inlet injection is useful. An increase in fuelling
is achieved by increasing the initial Ludwieg tube pressure which in turn raises the
total pressure in the plenum chamber. Fuel jet penetration in supersonic cross flows is
described in Povinelli and Povinelli (1971) by the following equation:
y′
d∗
= 1.12
(
Po,j
Peb
)0.483 (
Mj
)0.149 ( x
d∗
+ 0.5
)0.281
(6.4)
where y′/d∗ is the normalised penetration depth, Po,j/Peb is the jet to freestream to-
tal pressure ratio, Mj is the jet Mach number and x/d∗ is the normalised downstream
distance. Since in this case the freestream conditions and geometry is fixed the equa-
tion can be simplified to:
y′
d∗
∝
(
Po,j
Peb
)0.483
(6.5)
It can be seen in Figure 6.11 that mass flow of hydrogen is proportional to plenum
pressure, therefore to raise the equivalence ratio from φ = 0.5 to φ = 0.6 a 20% increase
in plenum pressure is required. From Equation (6.5) this would lead to approximately
a 9% increase in penetration. This shows that although more fuel is injected the pen-
etration and therefore the amount of air available for mixing diminishes leading to
reduced performance. For this reason it is thought that there is a limit to the amount
of fuel able to be injected on the inlet. It is not currently known at what equivalence
ratio the benefits are outweighed but the results from Figure 6.18 suggest that φ = 0.5
is towards the upper limit.
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Figure 6.18: Experimental Pressure Distributions for Inlet Only Injection at Various Equiva-
lence Ratios
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6.4.2 Step Injection
The second fuelling configuration tested was step only. This entailed injecting behind
a 1.25 mm backwards-facing step through 36 x 0.9 mm diameter portholes. The main
objective of this particular injection configuration is to reduce skin-friction. Suraweera
(2006) showed that skin-friction drag in a scramjet combustor could be reduced by
up to 80% by burning hydrogen within the boundary layer. This injection scheme
is important to the operation of the RESTM12 scramjet engine since at the Mach 12
design point drag will be extremely high any potential method of reducing this must
be investigated. Another benefit of this injection scheme is the stream thrust generated
by the fuel injection itself, as shown in Figure 2.5, injecting as close to parallel with the
flow maximises the fuel Isp. Again, at the Mach 12 design point any small reduction in
drag or increase in thrust is vital.
Various equivalence ratios were tested using the step only injection configuration
ranging from φ = 0.72 to φ = 1.16. None of these tests were able to show sustained
combustion during the test time. Each shot showed the same trend where the begin-
ning of the test showed signs of relatively good combustion but this quickly dimin-
ished throughout the test flow.
Figure 6.19 shows a comparison between a fuel in to air shot and a suppressed
combustion shot for a similar equivalence ratio. The average pressure during the test
time is shown for the suppressed combustion shot in each figure whereas the average
pressure in 500 µs windows as shown for the fuel into air shot. This aims to show the
transience of combustion.
For the air shot the pressure distribution varies substantially with time, at the be-
ginning a large pressure rise in the combustor is indicative of good combustion. As
time goes on it can be seen that the pressure levels reduce to levels similar to sup-
pressed combustion signifying that combustion is no longer taking place. It is thought
that this is due to the starting shock of the tunnel prematurely igniting the fuel and is
therefore an artefact of the facility and not actual supersonic combustion.
The Mach 8.7 off-design tests of the RESTM12 scramjet engine detailed in Suraweera
and Smart (2009) showed robust burning in the combustion chamber for step only in-
jection. More recently, Doherty (2013) showed that only a small increase in pressure
was achieved using step only injection at a Mach 10.4 flight condition. Noting this
trend it is no surprise that combustion could not be sustained at Mach 12. The higher
velocity reduces the flow residence time in the combustor which inhibits mixing and
therefore combustion.
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6.4.3 Combined Injection
The final fuelling configuration is combined, this refers to fuelling simultaneously from
both the inlet injectors and behind the circumferential step. The nominal fuel split
between the two injector manifolds is 31% from the inlet and 69% from the step, this
is set simply by the area of the injectors. Another fuel split was tested where a needle
valve was introduced to reduce the amount of fuel to the step by choking the flow.
This allowed a 50/50 fuel split to be tested. To begin with the nominal 31/69 fuel split
results will be presented.
31/69 Fuel Split Results
The combined fuelling configuration aims to take advantage of the benefits of both
inlet and step injection. Employing inlet injection acts to increase the mixing length
of the fuel/air mixture maximizing the chance of combustion while boundary layer
injection behind a step reduces skin friction drag in the combustor.
A series of equivalence ratios were tested ranging from φTOT = 0.65 to φTOT = 1.31.
Figure 6.20 shows a representative result from the combined configuration tests. The
figure shows a fuel into air shot against a suppressed combustion shot at a similar
equivalence ratio. It is clear that there is a significant pressure rise due to combustion.
This is an excellent result, once again proving that it is possible to generate robust
supersonic combustion at a Mach 12 flight condition.
The pressure rise for suppressed combustion is relatively large compared to fuel-
off. This is due to the large equivalence ratio with φTOT = 1.29 being on the upper
end of the fuelling scale. For the fuel into air case the pressure rise is larger than the
inlet only injection indicating that some of the fuel injected at the step is burning. It
is hypothesised that the fuel injected is ignited in the throat and acts as a pilot for the
step injection.
Thrust is generated in the RESTM12 scramjet engine both in the diverging section
of the combustor (1192 mm - 1313 mm) and the nozzle (1313 mm - 1438 mm), therefore
pressure rise in these sections is extremely important to the performance of the engine.
Figure 6.20 shows that there is significant pressure rise in these sections although it is
not known how much of the fuel would be required to burn to achieve this pressure
rise. Section 6.5 attempts to determine this by comparing the results to one dimensional
cycle analysis.
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Various equivalence ratios were tested at the combined 31/69 split with the results
shown in Figure 6.21. With increasing equivalence ratio the resulting pressure dis-
tribution is higher which is expected. It looks as though the two higher equivalence
ratio shots ignite in the throat whereas the other two ignite at the beginning of the
combustor. Concentrating on the thrust generating surfaces in the expanding section
of the combustor and the nozzle there is very little increase in pressure rise between
φTOT = 1.02 and φTOT = 1.31. This suggests that φTOT = 1.02 is approaching the limit
of the amount of fuel that can be burnt at this condition.
50/50 Fuel Split Results
The final fuel configuration tested was combined injection with a 50/50 fuel split. The
rationale behind this scheme was based on the superior performance of inlet injection
over step injection. It was thought that injecting a higher percentage of fuel on the inlet
would lead to greater performance. Figure 6.22 shows the results of a comparison of
pressure distributions between a 31/69 split and a 50/50 split at an equivalence ratio
of φ ≈ 1.0.
Contrary to what was expected it is shown in Figure 6.22 that the nominal 31/69
split performed better than 50/50. The 50/50 fuel split, with more fuel injected on the
inlet, appears to ignite earlier in the throat/isolator region but in the combustor and
nozzle the 31/69 split consistently shows a higher pressure. This was unexpected and
the poor performance is hypothesised to be due to the limit of inlet injection being
reached. As explained in Section 6.4.1, the extra fuel injected on the inlet remains in
a fuel rich region on the bodyside of the engine due to a lack of further penetration
into the flow. As the fuel does not mix with enough new air it is essentially wasted
and reduces the performance of the engine. Further investigation into the effect of fuel
split on performance is required to establish the optimum ratio.
6.4.4 Summary of Fuelled Operation
In total four fuelling configurations were tested with predominantly successful re-
sults. Inlet injection was shown to generate good pressure rise through combustion
for equivalence ratios from φ = 0.5 to φ = 0.6. Also the engine was found to fully un-
start between φ = 0.6 and φ = 0.76. The step only injection configuration was unable
to generate stable supersonic combustion at any equivalence ratio. Combined injection
with a fuel split of 31/69 showed the best performance with significant pressure rise
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generated up to an equivalence ratio of φTOT = 1.31. Although combustion was
achieved up to φTOT = 1.31, injecting above φTOT = 1 produced little benefit. Fi-
nally, a variation of the fuel split was attempted, increasing the amount of fuel injected
in the inlet to give a fuel split of 50/50. This configuration did not perform as well as
the nominal 31/69 fuel split.
Overall the RESTM12 scramjet engine showed promising performance at its design
condition with the ability to generate stable, robust combustion. Quantifying the per-
formance of the engine with the available data is difficult, numerical simulations of the
flowpath with fuel injection and chemistry kinetics would be required to determine
the performance but is outside the scope of this project. In order to estimate the perfor-
mance, a simplified methodology will be used by comparing the experimental pressure
distributions to a one dimensional cycle analysis code. This process is detailed in the
subsequent section.
6.5 Combustion Efficiency Estimates
The primary aim of this thesis set out in Section 1.2 was achieved via examination
of the pressure distributions within the engine. It was demonstrated that robust su-
personic combustion is indeed possible in the RESTM12 scramjet engine at its design
condition. This section aims to take this analysis a step further by quantitatively esti-
mating the efficiency of the observed supersonic combustion. Combustion efficiencies
are estimated by comparing the experimental pressure distributions with those of a
combustion model based on quasi one dimensional (1D) flow.
The efficiency of supersonic combustion within a combustion chamber is a compos-
ite of the mixing efficiency and chemical reaction kinetics. Although using this method
it is not possible to differentiate between the two, an overall combustion efficiency will
be established with a combustion efficiency of 100% (ηc = 1.0) indicating that all of
the injected fuel is burnt (Turner, 2010). Note that in some tests the engine is over-
stoichiometrically fulled therefore a combustion efficiency of 100% is not possible as
insufficient oxygen is present for complete combustion.
The 1D scramjet cycle analysis code, described in Smart (2007), is based on the
classical gas-dynamics methods presented in Shapiro (1953). Flow in a scramjet is far
from one dimensional however, when used carefully, the quasi 1D techniques provide
an effective means of determining the performance (Turner, 2010).
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For this type of analysis, accurate knowledge of the mass flow rate, momentum flux
and total enthalpy for both the incoming air and fuel flow is needed to obtain a mean-
ingful result. Table 6.2 shows the nominal forebody conditions along with the flux
conserved throat conditions obtained from a 3D VULCAN simulation. The nominal
throat conditions provide the inflow for the 1D simulation which models the scram-
jet’s combustor and nozzle. For each run the nominal throat conditions were scaled by
the experimental inflow conditions to account for shot-to-shot variation.
Table 6.2: Flux Conserved Flow Conditions at the Throat Calculated from CFD
Property Forebody Throat
T, K 426.3 1538.8
P, kPa 1.503 31.28
ρ, kg/m3 0.01225 0.07082
U, m/s 3650.5 3103.37
M 8.82 4.0805
m˙, kg/s - 0.09296
To establish the combustion efficiency for a particular shot the 1D code was run
with the appropriate amount of fuel introduced and made to burn along a predefined
combustion efficiency curve. This curve is then adjusted until the resulting pressure
distribution matched the experiment, the maximum combustion efficiency required
then becomes an approximation of the amount of fuel burnt in the experiment.
It has been shown that linear combustion efficiency curves best approximate the
pressure rise due to combustion in this type of engine (Moule and Smart, 2013; Turner,
2010). For inlet injection it was found that the best fit was obtained when the curve
began at ηc = 0.0 at the throat and linearly increased to ηc = ηmax at the beginning
of the expansion in the combustor (example shown in Figure 6.25). For combined
injection the same combustion efficiency curve was used for the inlet fuelling and the
step injection curve began at ηc = 0.0 at the injection location behind the step and was
also linearly increased to ηc = ηmax at the beginning of the expansion in the combustor.
6.5.1 Fuel-Off
The baseline analysis was first completed for fuel-off. It quickly became apparent that
the 1D pressure distribution was significantly lower than the experimental distribu-
tion. After examining the fuel-off 3D CFD of the engine’s combustor and nozzle it was
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clear that there are significant non-uniformities in the pressure distribution around the
circumference. This means that using the experimentally measured centreline pressure
distributions as representative of the entire surface is inaccurate. Figure 6.23 shows
the static pressure distribution on the thrust generating surfaces (expanding section of
combustor and nozzle). It can be seen that pressure distribution is highly non-uniform.
Figure 6.23: Fuel-Off Static Pressure Contours on the Thrust Generating Surfaces of the
RESTM12 Scramjet Engine from a 3D VULCAN Simulation
The nozzle surface generates approximately 2/3 of the thrust in this engine, Fig-
ure 6.23 shows that the pressure along the centreline (bodyside and cowlside) of the
nozzle is significantly higher than on the lateral side. This means that if the average
centreline pressure is assumed to act around the circumference of the nozzle, when in-
tegrated, the thrust potential will be over-predicted. As an experiment the gross thrust,
the total thrust generated by the combustor and nozzle in the direction of travel, was
calculated by integrating the complete CFD pressure distribution over the thrust gen-
erating surfaces. This was also done assuming the centreline pressure distributions
were representative of the circumference at each axial location. This method resulted
in an over-approximation of gross thrust of 15%.
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Figure 6.24: Comparison Between Experimental Pressure Distribution and 1D Cycle Analysis
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Tgross = Tcomb + Tnozzle (6.6)
It is postulated that this over-approximation of thrust is the source of the mismatch
between the experimental and 1D pressure distributions. In order to show this the
1D pressure distributions where increased by 15% to make them representative of the
centreline distributions to allow for a direct comparison to the experimental results.
Figure 6.24 shows the results for a fuel-off shot, it can be seen that when adjusted, the
1D cycle analysis successfully predicts the experimental distribution.
Although this phenomenon may not apply in all conditions, especially when com-
bustion is introduced, for this investigation the adjustment factor will be applied for
the rest of the analysis. For the fuel-on analysis the inclusion of this factor lowers the
approximated combustion efficiencies from unrealistically high to values more realistic
values that agree with previous testing. High-fidelity simulations including combus-
tion effects or extra experimental measurements are required to further investigate this
phenomenon.
6.5.2 Fuel-On
Inlet Only Injection
To estimate the combustion efficiencies for the fuel-on tests the combustion efficiency
curve was manipulated until the resulting 1D pressure distribution approximately
matched the experimental pressure distribution. Figure 6.25 shows the results for an
inlet only injection case. To get the best match, combustion was made to begin at the
throat and then linearly increase until ηmax at the beginning of the combustor expan-
sion. This essentially simulates ignition at the throat and then linear heat release up
until the combustor expansion.
For the pressure levels to approximately match the maximum combustion effi-
ciency required was ηmax ≈ 70% as shown in Figure 6.25. Shown in Figure 6.27, this
was also the case for the other inlet injection cases with ηmax ≈ 70 − 75%. In other
words 70-75% of the fuel injected was burnt. This is different from Moule and Smart
(2013) which establishes that for the RESTM12 engine at a Mach 8.7 condition 100% of
the fuel injected on the inlet burns (ηmax = 100%). The lower combustion efficiency
can be attributed to two major effects:
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• The presence of inert driver gas in the test flow (detailed in Section 4.2.2)
• The reduced residence time of the flow limiting mixing
The residence time issue is inherent at this hypervelocity flight condition although
it is exaggerated in this sub-scale experiment. Mixing length is constant for a particular
condition and therefore cannot be scaled to suit the engine size. The relatively short
combustor on this sub-scale model is therefore potentially limiting the performance of
the engine. The presence of driver gas is a limitation of the facility and although the
test flow composition is unknown, any contaminants of inert driver gas will reduce
also reduce the performance. For these reasons, the calculated combustion efficiency
is seen to be a conservative estimate.
Combined Injection
For the combined injection case the inlet injected fuel was modelled using the same
combustion efficiency curve as the inlet only case with the maximum combustion ef-
ficiency set to ηmax,inlet = 70%. The further pressure rise was met by allowing the
remaining fuel injected behind the step to begin burning at the injection location and
reach a maximum combustion efficiency at the beginning of the expansion in the com-
bustor (shown in Figure 6.27). In order for the 1D pressure to match the experiment
approximately 55% of the fuel injected at the step was burnt ηmax,step ≈ 55%. To calcu-
late the total combustion efficiency, the ratio of the fuel split was accounted for:
ηmax = 0.31× ηmax,inlet + 0.69× ηmax,step (6.7)
For the the combined shot with φ = 1.31 shown in Figure 6.27, the total combustion
efficiency therefore becomes ηmax ≈ 60%. The lower combustion efficiency of the fuel
injected behind the step can be attributed to the reduced mixing length of the fuel due
to the downstream location of the injectors. Also a lack of penetration of the fuel into
the mainstream flow inhibits mixing as the injectors are designed to inject fuel into
the boundary layer. Overall the approximate combustion efficiencies calculated for the
combined injection scheme ranges from ηmax ≈ 50− 65%.
6.5.3 Combustion Efficiency Estimate Summary
This section aimed to calculate approximate combustion efficiencies using the available
pressure distributions in the combustor and nozzle. This was done by comparison to
Combustion Efficiency Estimates Section 6.5 105
a 1D cycle analysis. It is clear that the flow within the highly three dimensional engine
is far from uniform and therefore some assumptions were required to come to an ap-
proximation. These assumptions place a significant uncertainty on the results. Despite
this, a best effort was made to estimate the performance and the collated results are
presented in Figure 6.27. To account for shot-to-shot variability the results are plotted
as gross thrust coefficients:
CTgross =
Tgross
1
2ρ∞U
2
∞A0
(6.8)
where gross thrust (Tgross) is divided by the flight dynamic pressure (12ρ∞U
2
∞) and nom-
inal capture area (A0). The solid lines in Figure 6.27 represent the 1D thrust coefficient
calculated for various equivalence ratios and combustion efficiencies for the nominal
condition.
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Figure 6.27: Combustion Efficiency Curves Calculated Using 1D Cycle Analysis and Approxi-
mated Experimental Combustion Efficiencies
Figure 6.27 shows that inlet only injection results in fuel combustion efficiencies of
ηmax ≈ 70− 75% while a combined injection scheme results in ηmax ≈ 50− 65%. This is
a positive result with these approximations seen to be conservative. This successfully
answers research question 4 detailed in Section 1.2, the final question is in relation
to the heat transfer measurements from the combustor and will be discussed in the
subsequent section.
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6.6 Combustor Heat Flux Results
Heat transfer was measured in the combustor using TFHTG’s mounted on the body-
side and cowlside. Unfortunately due to data acquisition limitations (as priority was
given to TFHTG’s on the forebody/inlet) these signals were only recorded for the last
shots of the campaign. Figure 6.28 shows an example of the heat transfer distributions
for both fuel-off and a combined injection fuel-on shot. It shows that injecting fuel ap-
proximately doubles the peak heating on the bodyside and cowlside of the combustor.
The fuel-on result was found to be repeatable and relatively insensitive to equivalence
ratio.
The magnitude of heat transfer is exaggerated due to the cold walls in impulse
facilities (∼300 K) providing a larger temperature difference than what would be expe-
rienced in flight. In order to estimate the heat transfer in flight it is assumed that the
film coefficient, h, remains constant between ground testing and flight.
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Figure 6.28: Experimental Heat Flux Distributions in the Combustor for Fuel-Off and Fuel-On
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The convective heat transfer equation can be expressed as:
q˙g = h(Taw − Twall,g) (6.9)
where q˙g represents the experimental heat flux measured (W/m2), h is the film co-
efficient (W/(m2K)), Taw is the adiabatic wall temperature (K) and Twall,g is the wall
temperature in the ground tests (300 K). For flight the equation can be written as:
q˙ f = h(Taw − Twall, f ) (6.10)
where q˙ f equals the heat flux that would be experienced in flight and Twall, f is the
wall temperature reached in flight. For this example it is assumed a carbon compos-
ite is used for the combustor which can operate at temperatures up to 2000 K there-
fore Twall, f ≈ 2000 K. Assuming the film coefficient remains constant and combining
eq. (6.9) and eq. (6.10) results in:
q˙ f = q˙g
(Taw − Twall, f )
(Taw − Twall,g) (6.11)
As an approximation, the averaged flow properties at the throat (Table 6.2) were
used as the entry conditions to the combustor and assuming turbulent flow the adia-
batic wall temperature was calculated to be Taw = 6025 K. From eq. (6.11) it is shown
that q˙ f = 0.703 q˙g, in other words the heat transfer in flight would be approximately
70% of the heat transfer measured on the ground.
Active cooling will be required in a scramjet powered vehicle due to the high tem-
peratures generated at leading edges and several of the engine components (Segal,
2009). The cooling must be achieved with the fuel system as a separate cooling fluid
and the associated heat exchangers would be prohibitively heavy. Also injecting en-
ergy generated from aerodynamic heating into the engine improves overall perfor-
mance of the vehicle. The question is whether the fuel flow rate is sufficient to satisfy
the total cooling requirements of the vehicle. Figure 6.29 suggests that the limit at
which hydrogen fuel can be used as the cooling system in a scramjet is M ∼ 16 (Heiser
and Pratt, 1994).
For this example only the heating generated by the combustor will be taken into
account. Using the values from the fuel-on case in Figure 6.28 and integrating them
over the surface of the scramjet model gives a total heat flux of Q˙g = 50.6 kW. This is the
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Figure 6.29: The Required Fuel Cooling Capacity to Balance Total Surface Heat Flux as a Func-
tion of Freestream Mach Number at q ∼100 kPa (Segal, 2009)
amount of total heat flux generated experimentally, approximately 70% of this would
be generated in flight due to the higher wall temperature, therefore Q˙ f = 35.6 kW.
Liquid hydrogen has large thermal storage capabilities and utilising it as a heat
sink at 1000 K provides 15.1 MJ/kg of potential heat storage (Segal, 2009). From the
experiment the fuel flow rate of hydrogen required for φ = 1.0 is approximately
m˙ =0.003 kg/s. Multiplying this by the heat capacity of liquid hydrogen results in
a storage ability of Q˙store = 45.3 kW.
Q˙store > Q˙ f (6.12)
This shows that the mass flow of hydrogen has the capability to provide the cooling
system for the combustor. Further analysis of leading edges and other engine compo-
nents must be completed to determine whether or not it has the capability to satisfy
the total cooling requirements of the vehicle.
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Figure 6.30: Schematic of Elliptical Combustor and Corresponding Rectangular Combustor
with Equal Cross-Sectional Area
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One of the advantages of an elliptical combustor is the reduced wetted area in com-
parison to a rectangular combustor with the same cross-sectional area. The magnitude
of this advantage in terms of heating can be calculated. For example if a rectangular
combustor with an aspect ratio of 3.0 with the same cross-sectional area replaced the
RESTM12’s elliptical combustor but the centreline heat flux remained the same, the
integrated heating rate over the entire combustor becomes Q˙ f ,rect = 44.3 kW.
Q˙store ≈ Q˙ f ,rect (6.13)
It can be seen that this 24% increase in total heating rate takes it to the limit of
liquid hydrogen’s storage ability. This is important as further cooling for the rest of
the vehicle would require a secondary cooling system which would add unnecessary
mass to the vehicle. This demonstrates one of the benefits of an elliptical combustor to
the operation of a complete scramjet powered vehicle.
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Chapter 7
Conclusions and Recommendations
7.1 Conclusions
The primary aim of this thesis was to determine whether robust supersonic combus-
tion can be generated in the RESM12 scramjet engine at its design condition equivalent
to flight at Mach 12. In order to achieve this two experimental campaigns where un-
dertaken in the T4 Stalker Tube. Both experiments used the facilities Mach 10 nozzle
to generate a test flow equivalent to Mach 11.8 flight at 38.3 km altitude. The primary
aim was met after several key research questions were answered.
It is possible to design a boundary layer trip configuration capable of tripping a
laminar boundary layer to turbulence at a Mach 12 flight condition in the T4 Stalker
Tube. The first experimental campaign used a flat plate instrumented with thin-film
heat transfer gauges to investigate the boundary layer transition process at the hy-
pervelocity condition. Initial experiments showed that the boundary layer remained
laminar for the entire 1000 mm length of the plate. This showed that a laminar bound-
ary layer separation was likely to occur within the RESMT12 inlet and reaffirmed the
requirement for an effective boundary layer trip design.
Based on the Hyper-X program transition experiments (Berry et al., 2001a), several
combinations of trip geometry, height and location were tested resulting in a successful
configuration. Heat transfer distributions showed that the diamond configuration had
the ability to transition the boundary layer to turbulence after a period of relaminari-
sation. The length of this delay in transition was in accordance with Schneider (2007).
Successfully answering this question made it possible to proceed with the RESM12
engine experiment.
The state of the boundary layer has a significant effect on the operation of a three-
dimensional REST inlet, particularly when inlet injection is employed. Although
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the diamond trip configuration was found to be the most effective, the swept ramp
configuration performed as required and due to its better suitability to flight it was se-
lected for the experiments. Without the trip, the heat transfer measurements suggested
a laminar boundary layer entering the inlet, this resulted in a small pressure rise in the
inlet thought to be a small separation. This was significantly more pronounced when
fuel was injected on the inlet.
Heat transfer measurements suggested that the addition of the 5 mm swept ramp
trip forced the boundary layer to turbulence in the inlet. The more resistant turbulent
boundary layer acted to remove the separation and return the inlet to normal oper-
ation. A pressure rise in the inlet was observed but it was established that this was
simply due to the added mass of the injected fuel.
Mach 12 flow can be established in the half designs scale RESTM12 scramjet en-
gine for a period long enough to investigate supersonic combustion. After it was
established that the inlet was functioning correctly the next step was to determine
whether the facility was able to produce enough test time to investigate supersonic
combustion. Using the theory from Boyce et al. (2005) it was calculated that there
would be driver gas contamination during the test time. The driver gas contains a
mixture of inert helium and argon and the presence of these gases will act to inhibit
combustion. Despite this, transient pressure traces showed that for inlet only and com-
bined injection, the pressure remains steady. The step only configuration was con-
sidered unsteady and omitted from the analysis as pressure traces would not remain
steady for the test time.
Although driver gas was present, combustion was observed if inlet injection was
utilised. Although not ideal, this was a limitation of the facility at the high enthalpy
condition. The pressure rise generated by combustion was therefore considered con-
servative due to the presence of inert driver gas.
Robust supersonic combustion was observed and the performance of the REST-
M12 scramjet engine was estimated at its design condition. Once established that
robust combustion could be generated within the RESTM12 engine model, fuel based
combustion efficiencies were estimated. This was done by comparing experimental
pressure distributions with a 1D cycle analysis code (Smart, 2007). Fuel-off simula-
tions show that the pressure distribution on the thrust generating surfaces is far from
uniform due the presence of shock and expansion waves therefore the assumption of
1D flow introduces significant uncertainty. To try to account for this a correction fac-
tor was introduced to ensure the fuel-off results matched the 1D pressure distribution.
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Without fuel-on CFD simulations this factor was also applied to the fuel-on results.
Using this method it was calculated that inlet only injection results in fuel com-
bustion efficiencies of ηmax ≈ 70− 75% while a combined injection scheme results in
ηmax ≈ 50− 65%. This was a positive result as these approximations were considered
to be conservative estimate due to the presence of driver gas.
At the Mach 12 flight condition it is possible measure heat transfer rates in a
scramjet combustor. TFHTG’s were used to successfully measure heat transfer rates
inside the RESTM12 scramjet combustor for fuelled cases to within 11.9% (see Sec-
tion C.2.6). This success adds new capability to future scramjet experiments performed
in T4 where heat transfer rates can be measured throughout the entire flowpath of a
scramjet up to Mach 12. This allows us to make better estimates of the heating loads
within a scramjet and design them with more confidence.
Using the experimental heat flux and a simplified analysis of the transfer of heat
generated by combustion to the fuel system, it was discovered that at this scale and
condition it is possible to transfer the generated heat to the fuel system. This is impor-
tant as a secondary cooling system adds unnecessary mass to the vehicle.
One of the benefits of an elliptical combustor is the reduced wetted area in compar-
ison to a rectangular combustor with the same cross-sectional area. Applying the same
experimental heat flux distribution to a rectangular combustor with an aspect ratio of
3.0 resulted in a 24% increase in total heating. This increase pushed the total heating
rate to the limit of liquid hydrogen’s storage ability. This demonstrates a benefit of
elliptical combustors at high Mach number flight conditions where total heating rates
are high.
7.2 Recommendations for Future Work
During this investigation many opportunities for further research were identified. Also,
some experimental issues that could not be resolved during the experiments could po-
tentially create new areas of future research. Some of these are described here.
7.2.1 Numerical
Despite having a fuel-off simulation of the RESTM12 flowpath the analysis is lacking
high-fidelity simulations modelling the injection of fuel and combustion effects. Per-
forming these simulations would be computationally expensive although they would
have several benefits:
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• Along with experimental data a more accurate calculation of the engine perfor-
mance could be performed.
• New fuel injection configurations could be investigated and their impact on per-
formance calculated.
• Using the experimental heat transfer data, the CFD models could be validated
and the results used to calculate the thermal loads throughout the engine.
Along with high-fidelity full flow path simulations, the effect of fuel timing and
inlet starting in impulse facilities could be investigated using a courser time accurate
simulation. Knowledge of the influence of fuel injection timing and boundary layer
state to the starting mechanics in hypervelocity inlets would be valuable for future
experiments and potentially the design of new more robust inlets.
The RESTM12 engine nozzle design is currently a simple expansion from the elipti-
cal exit of the combustor. The design of an efficient contoured nozzle would allow any
resulting performance benefits to be calculated.
7.2.2 Experimental
One major limitation of the T4 Stalker Tube was its inability to match the total pressure
associated with flight at Mach 12. For this reason the tests described in this thesis
took place at a dynamic pressure lower than the engine was designed for. A potential
solution to this problem is to test the RESTM12 engine in an expansion tube such as
the X3 Expansion Tube at The University of Queensland. This facility could be used
to explore the effects of varying the total pressure and potentially test the RESTM12
engine closer to its design point.
Estimating the performance of the RESTM12 engine relied heavily on the pressure
measurements in the combustor and nozzle. It was established that there was not
enough resolution to confidently calculate the performance. Additional pressure mea-
surements along the side of the combustor and particularly the nozzle would greatly
increase the accuracy of the performance calculation.
Unfortunately due to the long forebody of the engine and the placement of the op-
tical windows on the T4 test section, optical techniques were not able to be used on the
inlet of the engine. Further planning and design allowing for optical access to the inlet
section of the engine would allow for further analysis of the starting characteristics of
the engine including the effect of fuel injection and the state of the boundary layer.
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Finally, although it would likely prove difficult, heating the walls of the model to
temperatures more representative of flight conditions would make it possible to gain a
better understainding of the performance of the engine at flight conditions. If this were
possible, also investigating the effect of wall temperature on boundary layer transition
and hence inlet starting would prove useful.
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Appendix A
Detailed Shot Summary
The details of the operating, nozzle-supply, nozzle-exit and fuelling conditions for each
shot conducted in the T4 impulse facility for these test campaigns are shown in Ta-
ble A.2 and Table A.3. The notation used is as follows:
Res. Reservoir
C.T. Compression tube
S.T. Shock tube
pfill Static pressure of the gas
in the reservoir, compression
tube or shock tube
Tfill Static temperature of the test
gas in the shock tube
Argon frac. Volume fraction of argon
in driver gas in the
compression tube
Diaph. Thickness of the
primary diaphragm
ushock Shock speed
ps Nozzle-supply pressure
Ts Nozzle-supply temperature
Hs Nozzle-supply
stagnation enthalpy
p∞ Freestream static pressure
at the exit of the nozzle
T∞ Freestream static temperature
at the exit of the nozzle
ρ∞ Freestream static density
at the exit of the nozzle
u∞ Freestream velocity at the
exit of the nozzle
M∞ Freestream Mach number at
the exit of the nozzle
Re∞ Freestream unit Reynolds
number at the exit of
the nozzle
γ∞ Freestream specific heats
ratio at the exit of the nozzle
PP Pitot Pressure
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Appendix B
Instrumentation
B.1 Thin-Film Heat Transfer Gauge
B.1.1 Response Time
In order for the TFHTG’s to be of use in these experiments they must have a fast re-
sponse time ∼ 1µs. The main factor of this response time was the thickness of the
SiO2 layer. To ensure the layer was not too thick as to reduce the response time of the
gauge Figure B.1 from Schultz and Jones (1973) was used to determine the maximum
thickness of the SiO2 layer whilst keeping the required 1µs response time. Using the
properties of SiO2, response time of 1µs and an accuracy of q˙x/q˙s = 0.95, a maximum
thickness of 75 nm was determined.
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Figure B.1: Penetration of a Thermal Pulse into a Substrate due to a Step Function Heat Flux at
the Surface (Schultz and Jones, 1973)
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Figure B.2: Typical TFHTG Response During Experiment
An example of a typical response from a THFTG is shown in Figure B.2. The re-
sponse time was found to be approximately 1− 2µs. This allowed an accurate history
of the heat flux to be calculated within the ∼1 ms of test time.
B.1.2 Calibration
To establish the sensitivity of each TFHTG the following procedure was followed. Ac-
cording to Schultz and Jones (1973), prior to calibration, each gauge requires annealing
for 12 hours at 160° C to remove any internal stresses within the metallic film to ensure
consistent results over time. To establish the sensitivity of each gauge it was placed
in a temperature controlled oven where the temperature is raised and then lowered in
steps according to the profile shown in Figure B.3.
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Figure B.3: Oven Temperature Profile during Annealing and Calibration
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During this time the temperature of the oven and the resistance of each gauge was
recorded. This data was then used to determine the sensitivity of each gauge. Fig-
ure B.4 shows an example of the results from a calibration. The measured temperature
is plotted against the resistance to form points on a straight line, a linear line of best fit
is then fitted and the gradient is used as the sensitivity of the gauge, α.
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Figure B.4: Calibration Data Fit
B.2 Kulite Pressure Transducers
B.2.1 Kulite Mounting
Each transducer was mounted as shown in Figure B.5, a small φ = 1 mm pilot allowed
a fast response time and the cellophane disk was used to protect the transducers sensor
from the harsh environment of the facility.
Kulite XTEL-190M
Pressure Transducer
Cellophane Disk
1mm Pilot Hole
Figure B.5: Kulite Mounting
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B.2.2 Kulite Pressure Transducer Details
Table B.1 provides details of each Kulite pressure transducer mounted in the RESTM12
scramjet engine model. Details include the serial number and pressure range, the sen-
sitivity from calibration with the associated uncertainty and the axial distance of each
transducer from the leading edge.
Table B.1: Kulite Pressure Transducer Details
Sensor Serial Range Sensitivity Calibration X
ID Number (PSI) (V/kPa) Uncertainty (%) (mm)
FB1 P97-74 25 5.9266×10−4 ±0.05 162.5
FB2 P97-73 25 5.8860×10−4 ±0.06 162.5
IB1 UU8-75 25 5.9052×10−4 ±2.00 545.0
IB2 UU8-72 25 5.8287×10−4 ±0.19 638.7
IB3 P97-71 25 5.8610×10−4 ±0.08 718.3
IB4 X97-97 100 1.4671×10−4 ±0.09 821.3
IB5 X97-98 100 1.4579×10−4 ±0.27 871.0
IB6 Y97-7 100 1.2132×10−4 ±0.27 890.8
IB7 Y97-2 100 1.4702×10−4 ±0.19 910.6
IB8 Y97-9 100 1.4630×10−4 ±0.19 930.4
IB9 Y97-4 100 1.4656×10−4 ±0.25 955.3
IB10 Y97-99 100 1.4639×10−4 ±0.18 975.3
IB11 Y97-13 100 1.4678×10−4 ±0.18 995.3
CB1 CC9-30 50 2.9251×10−4 ±0.73 1042.4
CB2 CC9-25 50 3.0452×10−4 ±0.25 1062.3
CB3 CC9-26 50 2.9263×10−4 ±0.46 1082.3
CB4 CC9-31 50 2.9300×10−4 ±0.14 1102.4
CB5 CC9-29 50 2.9242×10−4 ±0.20 1122.4
CB6 CC9-32 50 2.9326×10−4 ±0.30 1142.5
CB7 CC9-28 50 2.9400×10−4 ±0.28 1162.5
CB8 CC9-27 50 3.1685×10−4 ±0.21 1182.5
CB9 CC9-24 50 3.1866×10−4 ±0.21 1198.0
CB10 X97-55 50 2.9440×10−4 ±0.07 1218.8
CB11 X97-61 50 2.9271×10−4 ±0.05 1239.6
CB12 X97-54 50 2.9402×10−4 ±0.12 1260.4
CB13 X97-69 50 2.9370×10−4 ±0.09 1281.2
CB14 X97-58 50 2.9586×10−4 ±0.03 1302.0
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Table B.2: Kulite Pressure Transducer Details Continued
Sensor Serial Range Sensitivity Calibration X
ID Number (PSI) (V/kPa) Uncertainty (%) (mm)
CC1 Y97-6 100 1.4675×10−4 ±0.13 1038.5
CC2 Y97-1 100 N/A 1059.3
CC3 Y97-16 100 1.4719×10−4 ±0.19 1080.2
CC4 Y97-3 100 1.4720×10−4 ±0.14 1101.0
CC5 Y97-12 100 1.4766×10−4 ±0.17 1121.9
CC6 S94-12 50 2.9494×10−4 ±0.12 1142.8
CC7 X97-64 50 2.9460×10−4 ±0.06 1163.7
CC8 X97-68 50 2.9517×10−4 ±0.08 1184.6
CC9 X97-59 50 2.9575×10−4 ±0.08 1200.1
CC10 X97-67 50 2.9464×10−4 ±0.04 1221.0
CC11 S94-13 50 2.9584×10−4 ±0.05 1241.9
CC12 X97-62 50 2.9238×10−4 ±0.16 1262.9
CC13 X97-63 50 2.9573×10−4 ±0.17 1283.8
CC14 Y92-30 50 2.9317×10−4 ±0.08 1304.8
NB1 X97-60 50 N/A 1319.3
NB2 X97-53 50 2.9422×10−4 ±0.11 1330.8
NB3 P97-80 25 5.8551×10−4 ±0.07 1345.8
NB4 P97-75 25 5.8720×10−4 ±0.07 1361.7
NB5 P97-77 25 5.8879×10−4 ±0.09 1377.7
NB6 P97-78 25 5.8692×10−4 ±0.06 1393.6
NB7 P97-76 25 5.8353×10−4 ±0.04 1409.5
NB8 P97-72 25 5.8513×10−4 ±0.06 1425.4
NC1 X97-65 25 2.9355×10−4 ±0.11 1322.4
NC2 UU8-69 25 5.8252×10−4 ±0.23 1334.4
NC3 UU8-70 25 5.9074×10−4 ±0.30 1349.9
NC4 UU8-67 25 5.8777×10−4 ±0.14 1366.4
NC5 UU8-68 25 5.7831×10−4 ±0.18 1382.8
NC6 UU8-71 25 5.0742×10−4 ±1.11 1399.3
NC7 P97-79 25 5.8249×10−4 ±0.06 1415.7
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Appendix C
Uncertainty Analysis
C.1 Nozzle Exit Flow Properties
To determine the uncertainty in the freestream conditions the space marching nozzle
simulator NENZFr was used. NENZFr has four experimental inputs, shock tube fill
pressure (PST), shock tube fill temperature (TST), shock speed (Vs) and nozzle supply
pressure (Ps). The input uncertainties and nominal values of these inputs are shown in
Table C.1.
Table C.1: NENZFr Nominal Input Values and Associated Uncertainties
Input Nominal Uncertainty
PST 160 kPa 1.5%
TST 300 K 2.0%
Vs 2642.9 m/s 5.0%
Ps 82.5 MPa 3.6%
Uncertainty of the shock tube fill pressure is dictated by the accuracy of the gauge
it is filled to. The gauge states an accuracy of 0.5% and the smallest division on the
gauge is 2 kPa giving rise to reading uncertainty of ±1 kPa, assuming an uncertainty
of ±2 kPa in the ambient pressure the total relative uncertainty becomes ±1.5% using
the root sum square (RSS) method. Since the temperature of the shock tube gas is
not measured it is assumed to be equal to the ambient laboratory temperature 300 K
with an uncertainty of ±2.0%. The uncertainty in the shock speed has been shown
to be approximately ±5.0% (Mee, 1993). Uncertainty in the nozzle supply pressure is
detailed in Doherty (2013) following the methods of Kirchhartz (2009) and is equal to
±3.6%. For more information on NENZFr and uncertainties refer to Doherty (2013).
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Table C.2 contains the uncertainties of all freestream values calculated by NENZFr
induced by the four input uncertainties. The final column uses the RSS method to
calculate the total uncertainty in each of the freestream conditions.
Table C.2: Summary of Relative Uncertainty in each Nozzle Exit Flow Property for the Nominal
Condition
Variable PST TST Vs Ps Total
(Input Uncertainty) 1.5% 2.0% 5.0% 3.6% Uncertainty
ρs 0.25 -0.41 -5.81 2.95 6.53
Ts -0.20 0.34 4.83 0.60 4.88
Hs -0.31 0.52 7.43 0.76 7.50
ρ -0.31 0.35 -6.96 3.73 7.91
U -0.14 0.23 3.43 0.36 3.46
P -1.00 1.40 2.94 5.26 6.27
a -0.34 0.53 4.92 0.76 5.01
µ -0.50 0.78 7.27 1.13 7.42
k -0.53 0.83 7.74 1.19 7.89
µt -2.17 3.00 2.16 3.02 5.24
kt -2.20 3.05 2.70 3.09 5.57
dtchem -0.60 0.83 0.55 4.03 4.19
T -0.69 1.06 9.78 1.56 9.98
Mlocal 0.21 -0.30 -1.51 -0.40 1.60
Pitot -0.59 0.81 -0.13 4.46 4.57
Ptotal 0.20 -0.33 -5.03 3.03 5.88
Htotal -0.31 0.52 7.46 0.76 7.52
q -0.58 0.80 -0.17 4.45 4.56
m˙ -0.45 0.57 -3.57 4.09 5.48
Reu 0.05 -0.20 -10.83 2.97 11.23
C.2 Thin-Film Heat Transfer Gauge
Surface heat transfer rates were measured using thin-film heat transfer gauges manu-
factured in The University of Queensland’s Instrumentation Laboratory. Details of the
manufacture and operation if these gauges can be found in Section 4.3.1.
A comprehensive analysis of the uncertainties present with this type of transducer
can be found in Goyne (1999). Since this investigation there has been several modifi-
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cations to the manufacturing process, therefore this section aims to update the uncer-
tainty values and calculate a more up to date uncertainty.
C.2.1 Effect of Presence of Nickel Film on Heat Transfer Rate
The new gauges use a nickel film rather than platinum as used in Goyne (1999), also
the film is significantly thinner. In order to quantitatively determine the effect of the
thermal inertia of the nickel film the theory from Schultz and Jones (1973) was used.
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Figure C.1: Effect of Nickel Film on Deduced Heat Transfer Rate
It can be seen from Figure C.1 that for a 20 nm thick film and allowing approxi-
mately 2 ms between flow starting and the beginning of the test time that the error
in heat transfer rate is negligible. This differs from Goyne (1999) where the 750 nm
platinum film resulted in a 3% error.
C.2.2 Effect of Presence of SiO2 Film on Heat Transfer Rate
As described in Section B.1.1 the gauges were designed with a SiO2 layer to eliminate
the possibility of an electrical short in an ionized flow and also to increase their dura-
bility. When calculating the required thickness of the layer to ensure the appropriate
response time the following assumption was made, q˙x/q˙s = 0.95. This assumption
therefore adds an uncertainty of 5% due to the presence of the SiO2 layer.
C.2.3 Effect of Temperature Rise on Quartz Thermal Properties
The thermal properties of quartz is dependent on temperature so the assumption that
it is constant results in errors, details on this can be found in Hartunian and Varwig
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(1962). Figure C.2 shows that the uncertainty in heat transfer rate is dependent on the
rise in temperature of the quartz.
Figure B.2 in Section B.1 shows a typical temperature response for a gauge on the
flat plate (campaign 1) or forebody of the engine (campaign 2). This shows that the rise
in temperature of the surface of the quartz would be of the order of 10°. For the heat
transfer rates in the combustor of the engine experiments this increase in temperature
is much higher, up to 100° at the end of the test time. According to Figure C.2 the
uncertainty in heat transfer rates on the forebody and combustor would equal to 1.5%
and 10.5% respectively.
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Figure C.2: Effect of Temperature Rise on Quartz Thermal Properties (Goyne, 1999)
C.2.4 Effect of Calibration Errors in α
Section B.1.2 describes the process taken to calibrate each TFHTG. The uncertainties
present in the instruments used to perform the calibrations, for example the thermome-
ter and amplifier, were found to be 0.3% and 0.05% respectively and were neglected for
this analysis. Uncertainty in the calculation of α from the data was found to have some
uncertainty. Similarly to Goyne (1999), a regression analysis was performed to deter-
mine the uncertainty in α caused by applying a linear fit to the data points. The result
of this was an error of ∼ 2.5%.
C.2.5 Error in Voltage Measurement
In order to evaluate any errors in voltage measurement the voltage generated by a high
accuracy 100 Ω resistor (representative of a nominal gauge) was recorded. Figure C.3
shows the relative uncertainty in the voltage measurement for 24 samples. This shows
that an uncertainty of ∼ 0.5% is present in the measurement of voltage.
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Figure C.3: Relative Uncertainty Calculated from 100 Ω Input Test
C.2.6 Uncertainty in Heat Transfer Rate
Using the individual uncertainty’s discussed above, an overall uncertainty can be esti-
mated using a RSS. The results of this calculation is shown in Table C.3.
Table C.3: Calculation of Uncertainty for Heat Transfer Rates using TFHTG’s
Source Flat Plate Combustor
Presence of Ni N/A N/A
Presence of SiO2 ±5% ±5%
Variation of Quartz Properties ±1.5% ±10.5%
Calibration ±2.5% ±2.5%
Voltage ±0.5% ±0.5%
Uncertainty ±5.8% ±11.9%
C.2.7 Uncertainty in Stanton Number
Stanton number is generally used to represent non-dimensional heat transfer rates, it
is given by the following equation:
St =
Qw
ρ∞u∞(h0 − hw) (C.1)
As Stanton number is also a function of the freestream conditions they must be
taken into account when calculating uncertainty. Using values from Table C.2 and the
RSS method the uncertainty in Stanton number for a flat plate or combustor is 12.8%
and 16.5% respectively.
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C.3 Experimental Pressure Measurement
C.3.1 Uncertainty in Pressure Measurements
In both experimental campaigns pressure is measured using Kulite pressure transduc-
ers, these transducers are assumed to have a ±1% experimental uncertainty for the
measured output voltage. This accounts for the mounting used in the experiments and
possible thermal effects (Doherty, 2013). The output voltage is divided by the sensitiv-
ity of the particular sensor to calculate the pressure. Table B.1 shows the results of the
calibrations with the uncertainties. The largest calibration uncertainty of ±2.0% will
be used as a conservative estimate. Using a RSS the uncertainty in pressure becomes
±2.2%.
C.3.2 Uncertainty in Normalised Pressure
Pressures plotted throughout this thesis are normalised by the nominal pressure on the
forebody. The nominal forebody pressure is calculated using the nozzle exit pressure
calculated by NENZFr and therefore from Table C.2 has an uncertainty of ±6.27%.
Again using a RSS the uncertainty in normalised pressure becomes ±6.6%.
C.4 Fuel System Uncertainties
C.4.1 Calibration and Fuel Flow Rate Uncertainty
Calibrations of the fuel system were performed using the process described in Pul-
sonetti (1995). A series of calibrations were completed to calculate the calibration con-
stant αj using the following equation:
αj =
(
VL
RTL
)
∆pL
pL1
γ−1
2γ p¯
γ+1
2γ
0 ∆t
(C.2)
It is assumed that the universal gas constant (R), the ratio of specific heats (γ) and
the integration time (∆t) have negligible uncertainty. The volume of the Ludwieg tube
has been measured to within an uncertainty of ±3% (Chan, 2012). Consistent with the
NEZFr inputs (Table C.1), the temperature of the Ludwieg tube is assumed to be 300 K
±2%. Also from Chan (2012) it is assumed that the initial and final pressure of the
Ludwieg tube can be measured to within ±2%. The plenum pressures are measured
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using Kulite pressure transducers, from Section C.3.1 it was determined that pressures
are measured to within ±2.2%. Using Equation (C.2) and applying a RSS the total
uncertainty in αj is ±4.7%.
Mass flow rate of fuel m˙ f is calculated using the following equation:
m˙ f = αj p
γ−1
2γ
L1
p
γ+1
2γ
0 (C.3)
Once again using the RSS method, the uncertainties described above and Equa-
tion (C.3), the total uncertainty in m˙ f is approximately ±5.1%. The equivalence ratio
for a particular experiment is calculated using:
φ = 8×
( m˙ f
m˙O2
)
(C.4)
The mass flow of oxygen (m˙O2) is calculated using the nozzle exit conditions (ρ,U)
and the nominal capture area. Assuming no uncertainty in the capture area and using
Table C.2 for the uncertainty in the freestream conditions, the total uncertainty of m˙O2
is approximately ±8.6%. Assuming no error in the stoichiometric ratio of hydrogen
and oxygen the uncertainty in equivalence ratio becomes ±10.0%.
C.5 Gross Thrust Coefficient
Uncertainty in gross thrust coefficient is dependent on the gross thrust calculated us-
ing experimental pressure measurements and also the freestream conditions. The un-
certainty in the freestream conditions ρ∞ and U∞ can be found in Table C.2 and are
±7.91% and ±3.46% respectively.
CTgross =
Tgross
1
2ρ∞U
2
∞A0
(C.5)
The gross thrust is calculated using the experimentally determined combustor pres-
sures along with the associated combustor areas. Assuming no uncertainty in the area
and that the pressures are measured to within ±2.2% the uncertainty in gross thrust
coefficient can be calculated using the RSS method. Using nominal values the total
uncertainty in gross thrust coefficient can be calculated to be ±9.6%.
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Appendix D
Optical Setup
In order to achieve a greater understanding of the flow structure created by each trip
configuration, a schlieren system was used to visualize this region of the flow. The
schlieren system consisted of an LED light source, a series of spherical and flat mirrors
along with a knife edge. The image was recorded using the Phantom v611 high speed
camera at 6000 fps with a resolution of 1280x800 pixels.
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Figure D.1: Schematic of Optical Components used for Schlieren Setup
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Appendix E
Flat Plate Apparatus 3D Simulations
One concern with the experimental setup was that due to the model’s length, flow
interactions between the model and the test section walls could lead to the disruption
of the boundary layer along the centreline. These interactions were investigated by
performing a three dimensional CFD simulation of the nozzle, test section and model.
This was performed using the NASA developed code VULCAN (White and Morrison,
1999).
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Figure E.1: VULCAN Nozzle Simulation Solution Showing Contours of Mach Number
Initially a three dimensional nozzle simulation was performed using the nozzle
contour and nominal stagnation region conditions. The exit plane of this simulation
was then used as the inflow for the model simulation. The model was a simplified
version of the experimental setup, it included the plate, supports and shielding of the
instrumentation inside the test section. Due to symmetry, only half of the model and
test section was modelled. The initial design of the shielding blocked the entire flow
above the instrumentation, the solution is shown in Figure E.2.
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Figure E.2: Pressure Contours Resulting from Closed Shielding Coniguration
Figure E.3: Pressure Contours Resulting from Modified Shielding Coniguration
Flat Plate Apparatus 3D Simulations Appendix E 147
The results of this simulation showed that the shielding above the instrumentation
caused a region of high pressure which eventually wrapped around the model onto
the test surface by the end of the model. This meant that the shielding needed to be
modified so that the entire centreline of the model remained undisturbed. This was
done by leaving the area above the instrumentation open. The idea behind this was
that the duct formed by the two supports would encase this high pressure region. The
simulation with the modified shielding is shown in Figure E.3.
It can be seen from Figure E.3 that the region of high pressure is indeed encased
within the two supports. This results in a much smaller region of pressure that does
not wrap around onto the centreline by the end of the model. This result gave con-
fidence that the boundary layer along the centreline of the test surface would remain
undisturbed. To ensure that this did not occur during the experiments a series of 11
Kulite® pressure transducers were placed 25 mm off-centreline to monitor any shock
or expansion waves that could affect the growth of the boundary layer.
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Appendix F
Engine Unstart
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Figure F.1: Experimental Pressure Distributions for Inlet Only Injection with φ = 0.76 Leading
to Engine Unstart
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